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RESEARCH MEMORANDUM 

A METHOD FOR CALCVLATING THE LIFT AND CENTER OF 

PRESSURE OF WING-BODY-TAIL COMBINATIONS AT 

i 

charac te r i s t ics  of circula? cyl indrical  bodies i n  combination with tri- 
angular, rectangular, or trapezoidal wings o r  ta i ls  through the subsonic, 
transonic, and supersonic speed ranges. The method covers unbanked 
wings, sweptback leading edges o r  sweptforward t r a i l i n g  edges, low 
angles of attack, and the e f f e c t s  of wing and t a i l  incidence. The wing- 
body interference i s  handled by the method presented i n  NACA RM's A51J04 
and A52B06, and the  wing-tail interference is t r ea t ed  by assuming one 
completely rolled-up vortex per wing  panel and evaluating the t a i l  load 
by s t r i p  theory. A computing table and set of design chazts are pre- 
sented which reduce the calculations t o  routine operations. Comparison 
i s  made between the estimated and experimental charac te r i s t ics  f o r  a 
la rge  number of wing-body and wing-body-tail combinations. 
speaking, the l i f t s  w e r e  estimated to  within +lo percent and the centers 
of pressure w e r e  estimated t o  within k0.02 of the body length. 
e f f e c t  of wing deflection on wing-tail interference a t  supersonic speeds 
w a s  not correct ly  predicted f o r  triangular wings with supersonic leading 
edges. 

Generally 

The 

INTRODUCTION 

I n  recent years the problems of the interference among the compo- 
nents of airplanes or missiles have received much a t t en t ion  because of 
t h e i r  great  importance i n  high-speed a i r c r a f t  design. This increased 
importance i s  due t o  the current design trends toward l a rge r  fuselage 
r a d i i  and t a i l  spans r e l a t i v e  t o  the wing span. With.regard t o  wing- 
body in t e r f e re  t 
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subsonic speeds i s  tha t  of Lennertz, reference 1; recent data supporting 
the work of Lennertz a re  presented i n  references 2 and 3. 
methods are available (refs. 4, 5, and 6) f o r  computing the interference 
load distributions of wing-body (or  tail-body) combinations a t  super- 
sonic speeds, and simple engineering methods are available fo r  estimat- 
ing the e f f e c t s  of wing-body interference on l i f t  and pitching moment 
a t  these speeds ( re fs .  7, 8, and 9 ) .  With regard t o  wing-tail in te r -  
ference, one of the notable methods f o r  i t s  calculation i n  subsonic 
a i r c ra f t  design i s  tha t  of Si lvers te in  and Katzoff i n  references 10 
and 11. 
limiting cases of zero and in f in i t e  aspect r a t i o  f o r  wing and t a i l  and 
has found tha t  the l o s s  of l i f t  due t o  interference can be as large as 
the l i f t  of the wing i t s e l f  f o r  equal wing and t a i l  spans. Using 
slender-body theory, Lomax and Byrd (ref. 13) have analyzed the wing- 
t a i l  interference of a family of combinations having swept wings. 
e r a l  authors have studied problems of the nonuniform downwash f i e l d  
behind wirsgs  i n  combination with a body a t  supersonic speeds; Lagerstrom 
and Graham ( ref .  14) present solutions f o r  cer ta in  vortex models repre- 
senting the downwash f i e l d .  Spahr and Dickey ( r e f .  15) have compared 
experimental measurements of downwash with the theoret ical  values and 
have found that  the assumption of one f u l l y  rolled-up vortex per wing 
panel provides a good prediction f o r  low-aspect-ratio tr iangular wings 
a t  s m a l l  angles of attack. 
angles of a t tack more than one vortex per wing panel i s  needed t o  pro- 
vide agreement between theory and experiment. With regard to  the prob- 
lem of determining the t a i l  loads due t o  the nonuniform downwash f ie ld ,  
Lagerstrom and Graham ( ref .  14) advocate the use of s t r i p  theory. Alden 
and Schindel (ref. 16) have developed a method based on l i nea r  theory 
f o r  determining the t a i l  load i n  cer ta in  cases. With regard t o  over-all 
l i f t  and moment f o r  wing-body-tail combinations, Grigsby ( r e f .  17), 
Edwards (ref. 18), Edelman ( re f .  l9), and Rainey (ref. 20) have compared 
experiment and theory on the basis  of one f u l l y  rolled-up vortex per 
wing panel and have usually obtained good agreement f o r  the specific 
configurations they have analyzed. 

Laborious 

For supersonic speeds, Morikawa ( r e f .  12) has examined the four 

Sev- 

However, f o r  large aspect r a t io s  o r  high . 

The present report  can be considered an extension of references 7, 
8, and 9 t o  include subsonic speeds and wing-body-tail combinations. 
I t s  purpose i s  threefold: first,  t o  present a unified procedure for  
calculating interference e f f ec t s  and t o  examine the assumptions under- 
lying the procedure; second, t o  compare the predictions of the method 
with experiment t o  estimate the accuracy of the predictions and the 
range of application; and third,  t o  make suggestions f o r  future research 
t o  improve the accuracy and increase the scope of the method. 
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SYMBOLS 
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Cm 

f T 

f W  

fal 

gT 

QW 

hT 

i 

k 

K 

I 
I .  

KN 

ta i l -a lone1 aspect r a t i o  

wing-alone1 aspect r a t i o  

chord a t  wing-body juncture or  tail-body juncture, in .  

t i p  chord of t a i l  o r  wing, in. 

l i f t  coeff ic ient  based on wing-alone area 

l i f t -curve  slope, per deg (unless otherwise specified) 

l i f t -curve  slope of t a i l  based on ta i l -a lone  a rea  

pitching-moment coefficient based on wing-alone area 

wing vortex semispan a t  ta i l  posi t ion,  in .  

wing vortex semispan a t  wing t r a i l i n g  edge, in .  

wing vortex semispan f o r  large downstream distances, in .  

Alden-Schindel influence coefficient at spanwise distance 

image vortex semispan a t  t a i l  posit ion,  in .  

image vortex semispan az wing posit ion,  in .  

height of wing vortex above body ax i s  at t a i l  center of pres- 

q 

sure, in .  

t a i l  interference fac tor  

r a t i o  of l i f t  component t o  l i f t  of wing alone or  t a i l  alone f o r  
var iable  wing o r  ta i l  incidence 

r a t i o  of l i f t  component t o  l i f t  of wing alone or t a i l  alone f o r  
variable angle of a t tack  

r a t i o  of l i f t  of body nose to  l i f t  of wing alone 

IThe w i n g  alone o r  t a i l  alone is  defined t o  be the exposed panels of the - 

wing o r  t a i l  joined togeth 



length of wing-body-tail combination, in. 
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distance from most forward point of body to wing leading edge and 
body intersection, in. 

distance from most forward point of body to center of moments, 
in. 

distance from most forward point of body to shoulder of body 
nose, in. 

distance from most forward point of body to tail leading edge and 
body intersection, in. 

distance from most forward point of body to center of pressure 
of combination, in. 

moment reference length, in. 

lift force, lb 

lift on tail section due to wing vortices, lb . 
lift on body section between wing and tail due to wing vortices, 
lb 

cotangent of leading-edge sweep angle 

free-stream Mach number 

free-stream dynamic pressure, lb/sq in. 

body radids at shoulder of nose, in. 

body radius at wing, in. 

body radius at tail, in. 

Reynolds number based on man aerodynamic chord of exposed wing 

semispan of tail in combination, in. 

cross-sectional area of nose at maximum section, sq in. 

reference area of combination lift coefficient, sq in. 

tail-alone area, sq in. 
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t 

wing-alone area, sq in. 

free-stream velocity, in. /see 

volume of body nose up to shoulder, cu in. 

distance to center of pressure measured from w i n g  leading edge 
and body intersection for wing quantities and from tail lead- 
ing edge and body intersection for tail quantities, in. 

distance from leading edge and body intersection to wing hinge 

angle of attack of body center line, deg 

line, in. 

JIM2- 11 
circulation at wing-body juncture of combination, in.2/sec 

circulation, positive counterclockwise facing upstream, in. */see 

tail incidence angle, deg 

wing incidence angle, deg 

tail taper ratio, (ct/cr), 

wing taper ratio, (ct-c-Jw 
sweep angle of leading edge, deg 

free-stream density, slugs/cu in. 

Subscripts 

B body alone 

C combination, either body-wing or body-wing-tail 

F f orebody 

N body nose 

T tail alone 

V wing vortex 



wing alone 

Alden -Schinde 1 theory 

body i n  presence of t a i l  

body i n  presence of wing 

s t r ip  theory 

t a i l  i n  presence of body 

wing i n  presence of body 

u variable, 6 constant 

6 variable, a constant 

LIFT THEORY 

NACA RM A53GO8 

The l i f t  theory as developed i s  f o r  the angle-of-attack range over 
which the l i f t  and moment curves are l i nea r  and i s  equally applicable t o  
subsonic and supersonic speeds unless otherwise noted. 
developed i n  references 7 and 9 f o r  determining the various components 
of the l i f t  have been substantiated f o r  supersonic speeds. 
are summarized and the i r  appl icabi l i ty  t o  subsonic speed shown. 

The methods 

These methods 

Attention i s  focused on pointed bodies having wings and tails  
mounted on body sections of uniform diameter. For the sake of being 
specific,  the forward l i f t i n g  surfaces are termed the wings, even i n  
cases of canard configurations. 
incidence, but cases of d i f f e ren t i a l  incidence are beyond the scope of 
t h i s  paper. 

Both w i n g s  and t a i l s  may have variable 

The terminology used i s  indicated i n  figure 1. The nose i s  tha t  
p a r t  of the body i n  f ront  of the wing. 
mounted on an expanding section of the body, the  nose i s  taken to  be 
the entire expanding p a r t  of the body. 
are (neglecting wing-tail interference) : 

However, when the wing i s  

me principal l i f t  components 

1. 
2. 

3. 
4. 

L i f t  on nose including forebody, LN 
L i f t  on wing i n  presence of body, %(B) 
L i f t  on body due t o  wing, LB(w) 
L i f t  on ta i l  i n  presence of body, LT(B) . .  

5. L i f t  on body due t o  . 
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The additional lift components due t o  the wing t r a i l i n g  vortices are: 
L i f t  on t a i l  section due t o  wing vortices,  L ~ ( V )  
L i f t  on wing afterbody due to  wing vortices,LB(V) 

6. 
7. 

A l l  l i f t  coefficients,  except those for the t a i l  alone, are based 
on the wing-alone mea.  A l l  l i f t  components are referred t o  experimen- 
t a l  o r  theoret ical  values of C b  or C L ~ ,  through which Mach number 
e f f e c t s  enter.  Experimental values o f  C h  or  C L ~  should be used when 
these are available, otherwise any discrepancies between experiment and 
theory f o r  these component par ts  of a combination w i l l  a l so  carry over 
t o  the character is t ics  of the complete configuration. The l i f t  r e su l t s  
f o r  tail-body interference are identical  t o  those f o r  wing-body in t e r -  
ference, except f o r  a term to  r e fe r  the tail-body interference l i f t s  t o  
the wing area and, therefore, w i l l  not  be t reated separately. 

L i f t  on Body Nose 

The method given i n  reference 7 f o r  specifying the l i f t  on the nose 
makes use of the equation 

wherein the coefficient KN i s  defined as 

I LN 

LW 
KN = - 

f o r  equal angles of attack of wing and nose. 
i s  suf f ic ien t ly  accurate t o  evaluate 

For many applications it 
LN by use of slender-body theory 



a 

so t h a t  

It is  
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known that slender-body theory is usually not suf f ic ien t ly  accu- 
rave +o determine bow-alone l i f ts  in cases such as nonslender bodies, 
hypersonic speeds, or large angles of attack. 
cussed i n  references 21, 22, and 23, respectively. 
binations which are not predaminsntly body, the nose lift is not a 
large part of the t o t a l  l i f t , and  slender-body theory gives sa t i s fac tory  
results in  most instances. 

Tbese e f fec t s  are dis- 
However, for com- 

L i f t  on Wing i n  Presence of Body 

The lift on the wing  i n  the presence of the body i s  given i n  re fer -  
ence 9 as 

The factor Kw(B) is defined as 

and i s  greater than unity because of body upwash. 
defined as 

The factor  kw(B) is 

and i s  less  than unity because of the e f f ec t s  of interference on wing 
l i f t  i n  the absence of body upwash. The l i f t  r a t io s  Kw(B) and kW ( Bl 
have been determined from slender-body theory and are presented i n  f g- 
ure 2 as taken from reference 9. 
and kW(BL f o r  combinations employing wings of large aspect r a t i o  has 
been jus i f ied i n  references 7,  9, and 24 f o r  supersonic speeds. 

It m i g h t  be surmised tha t  the present method of determining the 
l i f t  on a wing  i n  the presen is  applicable a t  subsonic 

The use of slender-body values of K~(B) 
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speeds since the slender-body-theoryvalues of 
which it is based are not 
Mach nmber enters  only through 

sequently be shown t o  be 
made the observation i n  reference 25 that the loading on the minimum 
drag wing-body combination of Lennertz (ref. 1) is  ident ica l  at l o w  
speeds t o  tha t  of a slender wing-body combination with a body of uni- 
form diameter. The division of l i f t  between wing and body based on 
t h i s  loading is shown i n  figure 3. Since the present method i s  based 
on the division of l i f t  as given by Spreiter,  the equal i ty  of the 
results of Sprei ter  and Lennertz i s  fur ther  evidence of the applicabil-  
i t y  of the present method to subsonic speeds. 

Kw(B) and kW(B) on 

A t  t h i s  point, it i s  desirable to  consider the e f f ec t s  of span 
loading on the division of l i f t  between wing and body because t h i s  
information has bearing on the val idi ty  of the vortex model used i n  
determining sone later results. 
Lennertz a l so  determined the division of load between wing and body fo r  
uniform span loading. This result, which corresponds t o  replacing each 
s ide of the combination by a horseshoe vortex, is  shown i n  f igure 3, 
wherein the pa r t  of the l i f t  ca r r i edby  the body is  shown as a function 
of the r a t i o  of body radius t o  vortex semispac. For the same value of 
the abscissa there i s  not much difference between the fract ions of the 
l i f t  act ing on the body f o r  the two  cases. 
horseshoe vortex replacing a wing i s  less than the wing span. 
account i s  taken of t h i s  f a c t  i n  the comparison, the exis t ing differ-  
ence would largely disappear. 
body combination by a horseshoe vortex on each side is  compatible with 
the present method of determining the divis ion of l i f t  between wing and 
body. 

Besides h i s  result f o r  minimum drag, 

Generally, the span of a 
If 

Thus, the representation of the wing- 

L i f t  on Body Due t o  Wing 

The same general scheme used t o  compute the l i f t  on the wing i n  the 
presence of the body is  used t o  compute the l i f t  on the body due t o  the 
wing. I n  fac t ,  the equation analogous t o  equation (6) i s  

cLB ( W) .e [ KB(W> a +  kB(W) %] 

The factors  KB(w) and kB(w), defined so tha t  equation (9 )  i s  va l id  
under the assumptions of l inear i ty ,  are 
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Generally, the values of KB(W) based on slender-body theory are  used, 
and these values are given i n  figure 2. However, for  the high-aspect- 
r a t i o  range at supersonic speeds, a special  design chart  was developed 
i n  reference 7 by use of the planar model shown in figure 4. 
design chart is presented i n  figure ?(a).  

Tbis 

The case of no afterbody behind the wing or  tail is  investigated 
i n  Appendix A f o r  the high-aspect-ratio range a t  supersonic speeds. 
The analysis is  based on the planar model of figure 4, and the l i f t  is  
assumed to  carry over onto the body only back t o  the wing (or  tail) 
t r a i l i n g  edge. The design chart  based on t h i s  assumption is  presented 
in f igure  5(b). The difference between the afterbody and no-afterbody 
cases for the low-aspect-ratio range a t  supersonic speeds has not been 
considered. 

A comparison of KB(wl as determined from figure ?(a) with that 
from figure 5(b) gives 871 ndication of the importance of the afterbody 
f o r  any p a r t i c u l a r  configuration. For small values of the r a t i o  
2p(r/cr), there i s  very l i t t l e  e f f e c t  of the afterbody on KB(w) but, 
f o r  large values, the e f f ec t  can be as large as several hundred percent, 
A t  subsonic speeds no dis t inc t ion  w i l l  be made between the afterbody 
and no-afterbody cases. The difference between the two cases, which is 
usually slaall in terms of t o t a l  l i f t  a t  supersonic speeds, i s  fur ther  
reduced at subsonic speeds because of the lesser  tendency of l i f t  t0 be 
car r ied  damstream. 

Slender-body theory is the only general =am available f o r  the 
determination of h (w). The values of kB(w) so determined are  pre- 
sented i n  figure 2 aeee ref. 9) , These values are used f o r  both sub- 
sonic and supersonic speeds. 

L i f t  on T a i l  Section I)ue to  Wing Vortices 

Wing-tail inteflerence results Prom downwash in the region of the 
ta i l  caused by the wing vortices.  
interference breaks dcrm i n to  the problems, first, of determining the 
auiuber, strengths, and posit ions of the wing vortices at the tail and, 
eecond, of determining the reaction of the tail section t o  the nonunifarm 
flaw f i e l d  induced by the wing vortices.  
tiOR lift is the moat laborious to calculate,  'Ilhe same method W i l l  be 
used for subsanic and supersonic speeds. 

The problem of determining wing-tail 

This ccmponent of the combina- 
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Line-vortex theory is  used in the solution of the wing-tail- 
interference problem following the general lines of other investigators. 
"he model to be used is illustrated in figure 6. 
wing is the same as the Lennertz model for uniform loading previously 
discussed and is thus compatible with the method used here for calculat- 
ing wing-body interference. 
considered although more vortices per panel could be used to obtain 
greater accuracy at the expense of greater complication. "he wing 
trailing vortices stream backward but undergo lateral and vertical 
deflections as a result of the body cross-flow field and the interaction 
between vortices. Image vortex lines are introduced inside the body at 
the image position of the trailing vortices to satisfy the boundary con- 
dition for a circular body. 
vortices approach an asymptotic spacing. 

This model of the 

O n l y  one trailing vortex per wing panel is 

Sufficiently far downstream the external 

Number of vortices per panel.- For ease of calculation it will be 
assumed that one fully rolled-up vortex is discharged from each wing 
panel. 
many combinations, there are cases where it does not. For instance, 
the work of Spahr and Dickey, reference 15, shows that for panels of 
high aspect ratio the flow behind the panel can consist of a flat sheet 
or several vortices, and for high angles of attack body vortices appear 
in the flow. Thus, it is a fact that the simplified model of one vortex 
per wing panel is not always an adequate basis for computing downwash. 
However, several investigators, such as Grigsby, Edwards, Edelman, and 
Rainey, (refs. 17, 18, 19, and 20) have successfully applied this sim- 
plified model to the computation of tail loads. These results indicate 
that the total tail load of each of the configurations investigated is 
insensitive to the details of the vortex flow although the downwash and 
spanwise distribution of tail load are not. This conjecture is substan- 
tiated in part by the theoretical work of Morikawa, reference 12, who 
has calculated the tail lifts of slender wing-body-tail combinations 
using one f u l l y  rolled-up vortex per wing  panel and using a flat vortex 
sheet. Only for fully rolled-up vortices in the immediate vicinity of 
the tail tip does any appreciable difference between the two cases occur. 
The results of Lomax and Byrd, reference 13, for a family of swept wing- 
body-tail combinations are in accord with the findings of Morikawa. It 
was on the basis of this evidence and because of its great simplicity 
that the use of one wing vortex per panel was adopted. The accuracy of 
this assumption and its range of application w i l l  subsequently be deter- 
mined by comparison between experiment and theory. 

While this model simulates the flow behind the wing panels of 

Vortex strength.- The circulation distribution at the wing trailing 
edge determines the strength I", and the spanwise position fw of the 
vortex at the trailing e&e. 
replaced by an equivalent horseshoe vortex corresponding to the Lennertz 
model for uniform loading. 
figure 7 contains the tacit assumption that the maximum value of the 

m< actual circulation distribution is 

Figure 7 illustrates this model. Note that 
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circulation is  a t  the wing-body juncture. 
vortex is PoVoI', per un i t  span, the value of rm can be estimated 
from the following ser ies  of equations: 

Since the l i f t  of the bound . 

t o  sa t i s fy  the boundary condition tha t  the body i s  circular .  
form of the equation w i l l  be used f o r  determining rm. 
t ions (6) and (12) it follows tha t  

The first 
From equa- 

Vortex l a t e r a l  posit ion.-  The problem of determining the lateral 
posit ions of the wing vortices must be solved before the foregoing equa- 
t i on  can be used t o  evaluate rm. The assumption i s  made tha t  the vor- 
t i c e s  of the wing i n  combination are discharged a t  the center of vort ic-  
i t y  of the panels of the wing alone as determined by l i f t i ng - l ine  theory 
o r  l inear  theory. This assumption i s  necessary because the circulat ion 
dis t r ibut ion is not generally known f o r  the wing-body combination. The 
va l id i ty  of t h i s  assumption can be examined f o r  slender wing-body com- 
binations f o r  which the span loading i s  known and from which the l a t e r a l  
position of the vortex can be determined. In  fac t ,  the lateral vortex 
posit ion on the basis of slender-body theory i s  given as 

This equation gives the lateral position of the vortex as a fract ion of 
the semispan of the exposed wing panel and as a function of the radius- 
semispan r a t io .  The maximum deviation between the values given by t h i s  
equation and the wing-alone value of 0.786 (or  n/4)  i s  about 3 percent. 
This resul t  i s  independent of the plan form of the wing or  body i n  f ront  
of  the maximum span posit ion since i n  slender-body theory the potential  

* 

and, hence, the circulat ion depend only on 
consideration. 

the cross-flow plane under 
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For nonslender wing-body combinations the l a t e r a l  positior, can 
easily be determined if the wing l i f t  coeff ic ient  and the loading a t  
the root chord are known. The necessary equation i s  

I n  t h i s  equation (czc) i s  the product of the section l i f t  coefficient 
a t  the center l i n e  of the wing and the chord a t  tha t  position. Inherent 
i n  the equation i s  the assumption that the m a x i m u m  circulation occurs 
a t  the center l i n e  of the wing. 

A ser ies  of charts has been prepared f o r  wings of unswept leading 
edges, midchord l ines ,  and t r a i l i n g  edges t o  give the vortex location 
as a f rac t ion  of the wing-alone semispan and as a function of the effec- 
t i ve  aspect r a t i o  with taper r a t i o  as parameter. The charts f o r  sub- 
sonic speeds,shown i n  figure 8, a re  based on the l i f t  charts of DeYoung 
and Harper, reference 26. It i s  noteworthy tha t  f o r  low aspect r a t i o s  
the l a t e r a l  posit ions of the vortices a l l  tend toward the slender-body 
value of a/4. 
DeYoung and H a r p e r  i s  available f o r  supersonic speeds. However, where 
linear-theory results were available, they were used t o  obtain the 
curves shown so l id  i n  figure 9 ,  which i s  the supersonic analog of f i g -  
ure 8. 
dashed l i nes  toward the slender-body value of 
f o r  the cases i n  which it w a s  f e l t  that  the extrapolation could be made 
safely.  For the h = 0 case w i t h  no leading-edge sweep, there i s  a 
poss ib i l i t y  t ha t  the circulation distribution does not have i ts  maximum 
a t  the  center l i n e  of the wing as assumed i n  equation (16). 
theory solution f o r  the load distribution f o r  the reversed triangular 
wing i s  unknown f o r  

N o  systematic s e t  of l i f t  charts s i m i l a r  t o  those of 

To complete the charts the solid l i n e s  have been continued as 
7[/4 a t  zero aspect r a t i o  

The l inear-  

p ~ w  < 4. 

While the foregoing charts give the vortex l a t e r a l  position a t  the 
wing, the l a t e r a l  position a t  the t a i l ,  fT ,  i s  required f o r  calculating 
wing-tail interference, The simple assumption can be made tha t  f T  i s  
equal t o  f w .  The determination of fw has been discussed by Spreiter 
and Sacks i n  reference 27. Also fT can be set equal t o  fa, the asymp- 
t o t i c  vortex l a t e r a l  position, as determined from reference 14. 
step-by-step calculation of using the graphical aids of reference 28 
can be made, i f  desired.) 
t o  fT,  fw, o r  f,, i s  more accurate, the experimental l a t e r a l  positions 
are  compared with 
angular wing and body combinations reported by Spahr and Dickey i n  
reference 15. 
more ro l led  up a t  a given downstream s ta t ion  and are  spaced closer 
together. Grigsby, reference 17, has a l so  found similar r e su l t s .  How- 

(A 

To determine which of the approximations 
fT 

fw and f, i n  figures 10, 11, and 12 fo r  three tri- 

As the angle of attack increases, the vortices become 

ever, the data of f igures  10, 11, and 12 exhibit  cer ta in  behavior t ha t  
must be considered i f  accura t ions  a t  the t a i l  are  t o  be W 
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predicted. 
sometimes occursin the f i e l d  f o r  the higher aspect r a t io s .  
a t  high angles of attack body vortices appear i n  the flow and af fec t  
the positions of the wing vortices.  Further work i s  required before 
accurate predictions can be made of the vortex posit ions a t  the ta i l .  
On the basis of the comparison between theory and experiment, neither fW 
nor f, i s  superior fo r  predicting the vortex spacing at the t a i l  because 
of the appearance of other vortices i n  the flow. Unti l  more data are  
available on vortex positions t o  j u s t i f y  a more elaborate estimate, the 
value of f W  w i l l  be used. 

In  the f i r s t  place, more than one vortex per wing panel 
Secondly, . 

Vortex ve r t i ca l  positions.- The v e r t i c a l  posit ion of the vortex a t  
the ta i l  can be estimated by the step-by-step calculative procedure des- 
cribed i n  reference 15, but the process i s  generally too lengthy. 
alternate methods are considered. I n  the f i r s t  method, the vortex i s  
assumed to stream backward i n  the free-stream direct ion from the wing 
t r a i l i ng  edge. The second method, suggested by Lagerstrom and Graham, 
reference 14, i s  to  ignore the e f fec ts  o f t h e  image vortices,  which are  
nearly equal and opposite, but t o  consider crossflow and the mutual 
e f f ec t s  of the external vortices.  A comparison between the two positions 
predicted by these methods and the positions measured by Spahr and Dickey 
are  shown i n  figures 10(b), l l ( b ) ,  and 12(b).  
of more than  one wing vortex per panel and of body vortices,  nei ther  
theoretical  method appears superior. Therefore, it seems best  t o  use the 
simpler of the two methods which assumes tha t  the vortices stream back 
from the  t r a i l i ng  edge i n  the free-stream direction. 
leads t o  the following equation for  vortex ve r t i ca l  location: 

Two 

Because of the occurrence - 

This assumption 

r 1 

The h e i g h t  i s  measured above the body axis and normal t o  it a t  the center 
of pressure of the t a i l  panels. 

L i f t  due t o  wing vortices.-  The load transmitted t o  the ta i l  section 
because of the wing vortices depends on the vortex posit ions a t  the t a i l  
and the vortex strengths. For estimating the loads on the t a i l  section, 
s t r i p  theory i s  generally applicable but the method of Alden and Schindel, 
reference 16, can be applied when the necessary theoret ical  span loadings 
a re  known. I n  specifying the t a i l  load, use w i l l  be made of a t a i l  inter-  
f erence factor 
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where ( L T ) ~  is  the l i f t  of the tail alone a t  angle of attack a. The 
interference fac tor  represents a nondimensional quantity useful f o r  
co uting t a i l  loads. The factor  i depends on the parameters AT, 
( r z ) T ,  (cr/pS)T, (f/s)T, and (h/s)T. For a f ixed  body-tail Configura- 
t ion,  the fac tor  depends only on the vortex posit ions i n  the cross-flow 
plane of the tai l .  

Whether the fac tor  i is calculated by s t r i p  theory or  by the 
Alden-Schindel technique, several simplifying assumptions are required 
regarding the wing-tail interference. 
already used i n  determining KB for large aspect r a t i o s  a t  supersonic 
speeds - t ha t  the nonplanar tai P section can be reduced t o  an equivalent 
planar model s i m i l a r  t o  t ha t  shown i n  f igure 4. The body is  assumed t o  
be f la t  and t o  act a t  zero angle of attack, while the t a i l  angle of 
a t tack  q varies  spanwise. The second assumption is  tha t  the lift on 
the  t a i l  section due t o  wing-tail interference i s  a l l  developed by the 
t a i l  panels, even though par t  of it is t ransferred t o  the body. I n  the 
application of s t r i p  theory t o  determine t h i s  lift, Wers t rom and 
Van Dyke i n  reference 29 have shown that  an exact value (within the 
realm of l i nea r  theory) w i l l  be obtained f o r  the over-all  l i f t  of the 
planar model if  the leading edge is supersonic and the t r a i l i n g  edge is  
s t ra ight ,  as f o r  a triangular wing of e f fec t ive  aspect r a t i o  greater 
than 4. 
question of whether an afterbody occurs behind the tail.  
lift acting on the body i s  only a small f r ac t ion  of t ha t  acting on the 
ta i l  section due t o  wing-tail interference, so tha t  no precise considera- 
t i on  of the ta i l  afterbody i s  usually required. 

The f i rs t  assumption i s  one 

It i s  t o  be noted tha t  the second assumption circumvents the 
Generally, the 

S t r ip  theory has been used t o  calculate a se r i e s  of design charts 
f o r  the estimation of i. The detai ls  of the calculations a re  given i n  
Appendix B, and the charts are presented i n  figure 13. The charts of 
t h i s  figure show contours of constant values of i i n  the cross-flow 
plane of the t a i l  with the parameters A T  
chart  t o  chart. 
the  chord-span r a t i o  ( c / ~ s ) T .  
-limiting case of l i nea r  theory as ( c / ~ s ) ~ - + O .  
immediate idea of the regions wherein w i n g - t a i l  interference i s  most 
important. For triangular tails (AT = 0) it i s  t o  be noted tha t  the 
interference i s  a f i n i t e  maximum when the vortex i s  i n  the plane of the 
t a i l  and s l igh t ly  inboard of the t ip .  For a l l  other  taper rat ios ,  how- 
ever, an i n f i n i t e  maximum effect  occurs when the vortex is  a t  the t a i l  
t i p .  S t r i p  theory is, thus, not accurate f o r  posit ions of the vortex 
near the t a i l  t i p ,  except i n  the case of t r iangular  wings with supersonic 
leading edges, i n  which case it is  accurate t o  the order of l i nea r  theory. 

and ( r / s ) T  varying from 
It i s  t o  be noted t h a t  s t r i p  theory is  independent of 

In fact, s t r i p  theory represents the 
"he charts give an 

An a l te rna te  method fo r  the determination of i is the method of 
Alden and Schindel, which will serve as a bas is  f o r  assessing the accu- 
racy of s t r i p  theory. The essential result of the method i s - tha t  the - 
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l i f t  of a l i f t i n g  surface with supersonic edges i n  a nonuniform flow 
f i e l d  that  var ies  spanwise can be evaluated t o  the accuracy of l i nea r  
theory b y  the equation 

where w(y) i s  the v e r t i c a l  velocity a t  the spanwise posit ion y and F(y) 
i s  proportional t o  the span loading of the t a i l  a t  uniform angle of 
a t tack i n  reversed flow. Heaslet and Spre i te r  i n  reference 30 have 
extended the range of equation (19) t o  include surfaces with subsonic 
edges. For triangular t a i l s  with supersonic leading edges, the reversed 
t a i l  i s  uniformly loaded so t h a t  F(y) i s  proportional t o  the loca l  
chord. Thus, s t r i p  theory and the Alden-Schindel method give iden t i ca l  
r e s u l t s  f o r  t h i s  case. Generally speaking, the Alden-Schindel technique 
i s  not suited f o r  an ana ly t ica l  determination of i because, i n  some 
cases, the necessary function F(y) i s  not known or leads t o  complicated 
integrations.  ( A  clever electromagnetic device f o r  performing these 
integrations has been described by H i l l  i n  ref.  31.) The Alden-Schindel 
method leads t o  results i n  closed form f o r  rectangular t a i l  and body 
combinations, and the calculation has been car r ied  out i n  Appendix C .  
The va.lues of i f o r  the vortex i n  the plane of a rectangular t a i l  and 
f o r  a radius-semispan r a t i o  of 0.2 are given i n  f igure 1 4  f o r  four values 
of ( c / ~ s ) ~ .  the Alden-Schindel technique 
and s t r i p  theory a re  ident ica l .  Thus, a comparison of the curves f o r  
other values of ( c / ~ s ) ~  
e r ro r  due t o  the use of s t r i p  theory f o r  la rge  chord-span r a t i o s .  The 
f i r s t  resu l t  i s  tha t  the i n f i n i t y  a t  ( f / S ) T  = 1 ( f o r  values of (c/ps)T 
not equal t o  zero) has been eliminated by using the Alden-Schindel tech- 
nique. For vortex positions outboard of the t a i l  t i p ,  the e f f ec t  of 
( c / ~ s ) ~  i s  very small. 
t i p ,  a larger e f f e c t  of ( c / ~ s ) ~  To obtain an idea of 
where the discrepancy due t o  the use of s t r i p  theory i s  large and where 
s m a l l ,  a f igure has been prepared showing the r a t i o  of (im - iST)/im 
as a measure of the e r ro r  incurred i n  using s t r i p  theory f o r  ( C / B S ) ~ = O . ~ .  
This r a t io  i s  shown as a function of vortex posit ion in  f igure 15. For 
positions of the vortex outboard of the t a i l  t i p ,  the e r ro r  i s  generally 
very small except i n  the immediate v i c in i ty  of the t i p .  For positions 
of the wing vortex inboard of the t a i l  t i p ,  a maximum e r ro r  of about 
35 percent can be incurred by the use of s t r i p  theory. This e r ror  
decreases with distance from the t a i l .  The reason t h a t  la rger  e r ro r s  
a re  incurred f o r  positions of the vortex inboard of the t a i l  t i p  i s  
t h a t  here the net e f f ec t  of the vortex i s  the  s m a l l  difference of large 
posi t ive and negative l i f t s ,  while f o r  outboard positions the vortex 
induces negative l i f t  across the en t i r e  t a i l .  It  i s  believed t h a t  the 
use of s t r i p  theory i s  more accurate fo r  tapered wings than fo r  rectan- 

For a value of ( c / ~ s ) ~  = 0 

with those f o r  zero gives an indication of the 

However, f o r  vortex positions inboard of the 
i s  indicated.  

gular wings since it i s  known t o  be exact f o r  tr iangular wings with - 
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supersonic edges. Despite the f a c t  that  s t r i p  theory does not possess 
the accuracy of l i nea r  theory f o r  purposes of estimating t a i l  loads, it 
has several  decisive advantages over the l i nea r  theory (exemplified at  
supersonic speeds by the Alden-Schindel method). F i r s t ,  the necessary 
theoret ical  information i s  not available f o r  using l i nea r  theory i n  
some cases at supersonic speeds. Second, separate determinations would 
be required for  different  ( c / ~ ~ s ) T  
sonic speeds, making the construction of design charts  extremely d i f f i -  
cu l t .  
theory i s  used i n  t h i s  report f o r  computing the t a i l  interference fac- 
t o r s  except f o r  rectangular ta i ls  a t  supersonic speeds. 

values and f o r  subsonic and super- 

For these reasons and because of i t s  great simplicity, s t r i p  

The contribution of wing-tail interference t o  the l i f t  coeff ic ient  
i s  now derived. The contribution is  by def ini t ion 

With the a id  of equations (14) and (18) there is obtained 

The values of Kw(B] o r  kw(B) are obtained from figure 2, the value 
of i from figure 3, and the value of f W  from f igures  8 o r  9. For 
rectangular t a i l s  at  supersonic speeds the value of i calculated by 
use of the Alden and Schindel technique i s  recommended. 

L i f t  on Wing Af'terbody Due t o  Wing Vortices 

In the previous work it was assumed tha t  no change i n  lateral vortex 
spacing occurred between the wing and t a i l  because, f o r  the purposes of 
t h i s  report, the ex t ra  work t o  compute the change i s  usually not war-  
ranted. 
vortex path i s  made, the l i f t  on the wing afterbody can be estimated. 
"he model shown i n  figure 6 i s  used i n  the estimation. 
sented by a horseshoe vortex is  P,V0I', per un i t  span. The lift repre- 
sented by the vortex system a t  the wing t r a i l i n g  edge i s  thus 
2PoVOrm(f~-gw) and at  the t a i l  location i s  2PoVorm(f~-g~) .  The net lift 
retained on the body between the wing and the t a i l  i s  thus 

However, i f  f o r  some reason a step-by-step calculation of the 

The l i f t  repre- 
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With the a i d  of the relationships 

rw2 gw = - 
f W  

2 r m  

equation 22) becomes i n  lift coeff ic ient  form 
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Lagers t rom and Graham (ref. 14) have derived t h i s  same re su l t  using a 
different  method. Generally, the change i n  f between wing and t a i l  
i s  not known unless the  step-by-step solut ion mentioned i n  reference 15 
i s  performed. 
on the body due t o  the trailing vort ices  i s  known. However, if on ly  an 
upper bound on the value of 

can be used for f T  i n  equation (25). 

In t h i s  case both the t o t a l  l i f t  and d is t r ibu t ion  of l i f t  

i s  desired, then the value of f, 
LB (v) C 

Summary of L i f t  Components of Wing-Body-Tail Combinations 

The seven components of the l i f t  act ing on a wing-body-tail com- 
bination a re  outlined as follows: 

1. L i f t  on body nose, 

2. L i f t  on wing i n  presence of body, 

3. L i f t  on body due t o  wing, 
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4. L i f t  on t a i l  i n  presence of body (neglecting wing vortices),  

5. L i f t  on body due t o  t a i l  (neglecting wing vortices),  

6.  L i f t  on tai l  section due t o  wing vortices,  

7. L i f t  on wing af'terbody due to  wing vortices,  

A calculative form f o r  determining the l i f t  and moment characteris-  
t i c s  of wing-body-tail combinations u t i l i z ing  the foregoing r e su l t s  w i l l  
subsequently be presented. However, the last l i f t  component w i l l  not be 
incorporated into the form since it i s  only  of importance i n  rare 
instances, and since it can only be computed a f t e r  a step-by-step com- 
putation of the type discussed i n  reference 15. 
the l i f t -curve slopes of w i n g s  at  supersonic speeds as determined from 
l i n e a r  theory is included as figure 1 6  for use w i t h  these formulas. 

A chart  summarizing 

CEmTER-OF-PRESSURE TBEORY 

In the section on l i f t  theory the differences between subsonic and 
supersonic speeds were given only passing a t ten t ion  since the l i f t  theory 
as developed ap9lies i n  the same form t o  both speed ranges. 
e f f ec t  of Mach number was manifest through the quant i t ies  

The p r i m y  

(c..i>w and . However, i n  the center-of-pressure theory the Mach number has ( cLa )T 
a d i rec t  e f f ec t  on the centers of pressure of several  of the lift com- 
ponents, and a def in i te  d i s t inc t ion  must be made between the subsonic 
and supersonic cases f o r  these components. 
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Several conventions are adopted with regard t o  center-of-pressure 
All posit ions f o r  the complete configuration posit ion i n  t h i s  report .  

are ultimately given i n  f rac t ions  of the body length behind the most 
forwardpoint of the body. The design chart  f o r  the centers of pres- 
sure of LB(w), Lw(B), LT(B), and LB(T) are given i n  f rac t ions  of the 
root  chord (a t  the juncture with the body) behind the juncture of the 
leading edge with the body. All length symbols having bars over them 
represent center-of -pressure lengths. 

Center of Pressure of Body Nose 

For most purposes the center of pressure of the body nose can be 
estimated with suf f ic ien t  accuracy by slender-body theory. 
i s  obtained that 

The result 

wherein VN, q, and 2~ are the volume, radius, and length of the body 
nose. For bodies with noses of small fineness r a t i o  or even f o r  bodies 
w i t h  slender noses at high Mach nmbers, some l i f t  i s  carr ied over onto 
the  body behind the nose, tending t o  maJxe TN greater than the value 
given by equation (33 ) .  If the l i f t  on the nose i s  a substant ia l  f rac-  
t i o n  of the t o t a l  l i f t ,  the e f f ec t  can be s ignif icant .  I n  such cases 
linear theory - i s  better than slender-body theory, although experimental 
values of ZN are always t o  be preferred. In t h i s  report, slender-body 
theory will be used when theore t ica l  values are used. 

Center of Pressure of W i n g  i n  Presence of Body 

"he center of pressure of the wing i n  the presence of the body 
depends s l igh t ly  on whether the l i f t  i s  developed by varying the body 
angle of a t tack  a t  f ixed wing incidence o r  varying the wing incidence 
a t  constant body angle of attack. The difference i n  centers of pressure 
for these lift components, determined experimentally f o r  triangular all- 
movable wings and reported i n  reference 9 ,  amounts at supersonic speeds 
t o  about 2 percent of the root chord o r  3 percent of the mean aerody- 
namic chord. If account i s  taken of the difference, the center of pres- 
sure  for the wing in the presence of the body is  

/ 3 \  
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Generally speakdg, the theoretical  values of (i7/cr)W(B)a and ('/'r)W(B)6 
are not known so tha t  some approximate method of estimating them i s  
required. 
triangular wings i n  combination with a round body are  given as computed 
on the basis of slender-body theory. 
f o r  rectangular wings of effect ive aspect r a t i o  2 o r  greater  are reported 
as determined by l i nea r  theory. 
mate result is  recommended i n  lieu of more specif ic  information: 

and (g/cr)W(B)6 fo r  
W(B)a 

In reference 9 the values of (jZ/Cr) 

W ( m  Also, the values of (Z/cr) 

For other cases the following approxi- 

The distance of the center of pressure of the wing i n  the presence of 
the body measured f r o m  the most forward point of the body is, then 

A t  subsonic speeds the charts of &Young and Harper, reference 26, 
may be used f o r  estimating (Z/cr)W f o r  a wide range of aspect ra t ios ,  
taper ra t ios ,  and sweep angles. A chart presenting the results is  
shown as figure 17. 
of @A = 2 t o  the slender-body values at = 0. Cross-plotting 
aided i n  the extrapolation. 
presented as figure 18. These charts are based on l i nea r  theory and 
have been extrapolated t o  the slender-body values at zero aspect r a t i o  
when l inea r  theory was not available f o r  the low-aspect-ratio range. 
The curve fo r  h = 0 and no leading-edge sweep could not be extrapo- 
l a t ed  with any degree of assurance. 

The results have been extrapolated from values 

A set of charts f o r  supersonic speeds i s  

Center of Pressure of  Body Due t o  Wing 

The center of  pressure acting on the body due t o  the wing is  deter- 
mined by d i f fe ren t  methods, depending on whether subsonic o r  supersonic 
flow i s  considered. 
i s  used. 

For the supersonic case the method of reference 8 
I n  t h i s  method the planar model of figure 4 is used with the 
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assumption tha t  the wing i s  a t  a uniform angle of a t tack.  
speaking, the model i s  applicable only if the t i p  Mach cones do not 
in te rsec t  the wing-body juncture, thereby influencing the wing-body 
interference. 
guished: 
The afterbody case i s  approximated by integrating the pressure f i e l d  on 
the body to  the trailing-edge Mach waves, as shown i n  figure 4, and the 
no afterbody case i s  approximated by integrating only up t o  an exten- 
sion of the wing t r a i l i n g  edge. 
determining ( ji./Cr)B( w) f o r  the afterbody and no afterbody cases are 
presented i n  figures l9(a) and lg (b ) ,  respectively. 

Generally 

For t h i s  high-aspect-ratio range two cases are d i s t in -  
t ha t  of an afterbody behind the wing and tha t  of no afterbody. 

Based on these models, charts f o r  

While the charts of f igure 19 can be used f o r  an approximation t o  
( V C  r 1 (w> even f o r  the low-aspect-ratio range, as indeed w a s  done i n  
reference 9, nevertheless, a somewhat more accurate method can be 
derived for  t h i s  range. I n  the more accurate method the independent 
variables are taken to  be aspect r a t i o  and taper ra t io ,  with radius- 
semispan r a t io  as parameter. 
are  those given by slender-body theory, and the values f o r  (r/s)W = 0 
are  those f o r  the wing alone as given by l i nea r  theory. On the basis  
of t h i s  information it i s  possible to  extrapolate the high-aspect-ratio 
theory t o  PA = 0, as has been done i n  f igure 20 f o r  the afterbody case. 
These charts are to  serve as design charts f o r  the aspect-ratio range. 
Similar charts can eas i ly  be formulated f o r  the no afterbody case by 
use of the resu l t s  of figure lg (b ) .  
values a t  pA = 0, it was assumed tha t  no l i f t  was developed downstream 
of the maximum wing span. The extrapolation w a s  not attempted f o r  h = O  
and no leading-edge sweep. 

f o r  @I = 0 
B(W) 

The values of (g/cr) 

I n  establishing the slender-body 

Hitherto, no method seems t o  have been available f o r  estimating 
(%/cr) B(W) a t  subsonic speeds. For t h i s  purpose, the l i f t i ng - l ine  
model shown i n  f igure 2 1 h a s  been used. The l i f t i n g  l i n e  i s  placed 
along the quarter-chord l i n e  of the wing and i t s  image is  introduced 
inside the body. The external l i f t i n g  l i n e  i s  divided in to  a number of 
bound vortices, the strengths of which are  proportional t o  the circula- 
t i on  distribution. The l i f t i n g  l i n e  i s  not uniformly loaded although 
the horseshoe vortices are. The external vortices have t h e i r  internal  
images which produce the l i f t  on the body, t h i s  l i f t  being produced a t  
the bound p a r t  of the horseshoe vortex. Since the l i f t  on the body 
due t o  each elemental image horseshoe vortex is  proportional t o  the 
product of i t s  strength times the length of i t s  bound element, and 
since i t s  l i f t  ac ts  a t  the bound element, it i s  easy t o  determine the 
center of l i f t  of a l l  the image horseshoe vortices.  
f o r  the calculation are presented i n  Appendix D and the results are 

The formulas 

presented i n  figure 22 as a series of design charts f o r  (%/e 
at  subsonic speeds. In Appendix D, the l i f t i n g  l i n e  w a s  

c 
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. e l l i p t i c a l l y  loaded. This assmption should be val id  f o r  most cases 
since the calculation is  not sensitive t o  the span loading and since 
e f f i c i en t  wings tend t o  be e l l i p t i c a l l y  loaded. 
(%/+I ( w) a and (+I)B(W)8 has been considered since any such differ- 
ences w i l l  be small and are beyond the scope of available theory. 

Mo difference between 

The charts of figure 22 give resul ts  f o r  unswept leading edges, 
midchord l ines ,  and t r a i l i n g  edges as a function of 
The results f o r  
It is  t o  be noted tha t  no dependence on aspect r a t i o  i s  found on the 
bas i s  of l i f t i ng - l ine  theory. It i s  known t ha t  a t  low aspect r a t io s  
the loading on the wing-body combination approaches the slender-body 
loading fo r  which the center of pressure on the body i s  known. 
value from slender-body theory is  plotted on the charts of f igure 22 
a t  j3A = 0. Furthermore, for r/s = 0 it i s  clear  t ha t  (Z/c ) 
equals the center of pressure of the loading a t  the root chord of the 
w i n g  alone. For rectangular and triangular wings of low aspect r a t i o  
t h i s  quantity has been obtained from the work of reference 32. 
r e su l t s  f o r  r/s = 0 a t  low aspect r a t i o  agree with good accuracy with 
the l i f t ing-l ine- theory resu l t s  f o r  r/s = 0 at about pA = 4. There- 
fore,  l i f t i ng - l ine  theory has been adopted f o r  pA > 4, and f o r  pA C 4 
the curves have been extrapolated t o  the slender-body values a t  pA = 0 
w i t h  the  r/s = 0 re su l t s  used as a guide. The extrapolated curves 
a re  shown dotted i n  figure 22. The distance of the center of pressure 
from the body point is  given as 

pA and (r/s). 
/3A >, 4 represent the results of l i f t i ng - l ine  theory. 

The 

B(W) 

The 

Center of Pressure of Tail i n  Presence of Body 

The center of pressure of the ta i l  i n  the presence of the body 
(wing-tail interference being neglected) i s  given by the same procedure 
as t h a t  f o r  the w i n g .  
determined from figure 18 is used as a n  approximation t o  ( Z / C r )  

For subsonic speeds the charts of reference 26 or  those of f igure 17 
are available f o r  estimating (Z/Cr)T.  

point of the body t o  the t a i l  center of pressure i s  thus given as 

For supersonic speeds the value of (Z/Cr)T as  

T(B) 

The distance from the most forward 
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Center of Pressure on Body Due t o  T a i l  
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. 
\ 

The center of pressure on the body due t o  the tail,  wing-tail i n t e r -  
ference being neglected, i s  determined by the same procedure as  t ha t  due 
t o  the wing. For supersonic speeds the charts of f igures 19 and 20 are  
used f o r  cases of afterbody and no afterbody. For subsonic speeds the 
charts of f igure 22 are used i n  estimating ( Z / C r )  

the distance from the point of the body t o  the center of pressure i s  
given 

From these values 
B O )  

Center of Pressure of T a i l  Section Due t o  Wing Vortices 

The flow over the ta i l  due t o  the wing vortices varies greatly as 
the position of the vortex varies with respect t o  the t a i l .  
tha t  the center of pressure of the l i f t  due t o  the e f fec t  of the vortices 
on the t a i l  section i s  also dependent on the posit ion of the vortices 
with respect t o  the t a i l .  
t o  take account of t h i s  e f fec t .  However, the refinement i s  hardly war- 
ranted i n  view of the f a c t  t ha t  the distance from the center of moments 
t o  the t a i l  i s  usually large so tha t  great precision i n  the location of 
the center of  pressure of the load on the t a i l  section due t o  the wing 
vortices is unnecessary. A good approximation i s  t o  take the center of 
pressure as that  fo r  the t a i l  panels i n  combination with the body. Thus 

It follows 

It i s  possible on the basis  of s t r i p  theory 

Summary of Center-of-Pressure Positions 
of Wing-Body-Tail Combination 

The components of the l i f t ,  with the exception of the l i f t  on the 
wing afterbody due t o  the wing vortices, have center-of-pressure posi- 
t ions  estimated as follows: 

1. Center of pressure of body nose, 
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2. Center of pressure of King i n  presence of body, . 

with 

5 zw + (") 
iW(B) W(B) 

3. Center of pressure on body due t o  wing ,  

4. Center of pressure of t a i l  i n  the presence of body, 

5. Center of pressure on body due t o  tail,  

The center of pressure f o r  the ent i re  combination is  thus 
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COMPUTATIONAL TABLE FOR DETERMINING LIFT COMPONENT3 AND 
CENTERS OF PRESSURE 

To organize and illustrate the calculations of the lift and center- 
of-pressure characteristics of wing-body-tail combinations, a computa- 
tional table, based on the equations and charts already presented, is 
presented as table I. 
which is self-explanatory. The reference area and moment reference 
point and length are arbitrary. 
in degrees. 

A numerical example is included in the table, 

Angular measures are always to be taken 

A possible confusion in the use of the computing table is the man- 

N o r m a l l y ,  one can interpolate at constant values of the 
ner of using figure 13 when interpolations must be made with respect 
to h and r/s. 
vortex lateral and vertical positions. However, for positions of the 
vortex near the body, interpolating in 
the body. 
lation be made at constant values of (fw - rT)/(sW - rT), the vortex 
lateral position as a fraction of the span of the exposed Xing panel. 

r/s may carry the vortex inside 
Under such circumstances, it is recommended that the interpo- 

Again, it I s  advocated that experimental values of the lift-curve 
slopes ( C L ) ~ ,  (cL.)~, and ( C L ~ ) ~  be used if available. If the 
experimental values of (c.">v and (Q)T are unavailable and if the 
theoretical values axe not obtainsble from the material at hand, then 
references 26, 33, or 34 should be consulted. It is to be noted that 
in the calculative form, the body radius can be variable since the quan- 
tities q, rw, and rT are a l l  considered separately. If the body 
radius is varying at the wing or tail location, an average radius should 
be used at each location. 
the lateral vortex position at the tail that the wing vortex streams 
back in the free-stream direction. 
tion is made that in the plan view, the wing vortex streams back parallel 
to the side of the body. This assumption is incorporated into the com- 
puting table. 
pressure of ogival noses is presented i n  figure 23 and used in the com- 
puting table. 

The assumption has been used in determining 

For variable body radius the assump- 

A special figure to aid i n  determining the center of 

RESULTS AND DISCUSSION 

To test the method of this report, a series of calculations have 
been performed to estimate the characteristic8 Of a number of combina- 
tions, and these characteristics have been compared with experiment. 
The geometric and aerodynamic characteristics of those combinations for 

. 



NACA RM ~ 5 3 ~ 0 8  27 -. 
. which the  comparisons have been made are summarized i n  table I1 f o r  

wing-body combinations and i n  tab le  I11 f o r  wing-body-tail combinations. 
The experimental data have been taken from references 35 t o  65, inclusive.  

I n  summarizing the aerodynamic data, l i t t l e  d i f f i cu l ty  w a s  experi- 
enced with wing-body combinations because t h e i r  l i f t  and moment charac- 
t e r i s t i c s ,  being usually l i n e a r  at low angles of attack, are w e l l  repre- 
sented by l i f t -curve  slope and center of pressure a t  a = 0. However, 
these quant i t ies  are not suf f ic ien t  t o  describe the nonlinear character-  
i s t i c s  exhibited by many wing-body-tail combinations. 
character is t ics  were so nonlinear tha t  it was impossible t o  determine 
the center-of-pressure posit ion a t  
cases the information was not entered i n  table 111. Curves of the non- 
l i n e a r  charac te r i s t ics  w i l l  subsequently be presented. 

Some of the  moment 

UB = 0 accurately, and i n  these 

The discussion of the main lift and center-of-pressure correlat ions 
The between experiment and theory i s  for  no deflection of wing o r  ta i l .  

e f f ec t s  of wing deflection on wing-body interference w e r e  discussed i n  
reference 9 .  
are  discussed after the main l i f t  and center-of-pressure results. 

Sone e f f ec t s  of wing deflection on wing-tail  interference 

L i f t  

I n  presenting the l i f t  results at tent ion i s  fi;st focused on sub- 
sonic wing-body combinations. No results are presented f o r  supersonic 
combinations since it has already been shown i n  reference 7 t h a t  the  
present method i s  applicable t o  combinations employing rectangular, tri- 
angular, and trapezoidal wings a t  supersonic speeds t o  within an e r r o r  
of about 210 percent f o r  l i f t .  

Wing-body combinations. - I n  figure 24 the experimental values 
Of P(dCL/da) c f o r  subsonic wing-body combinations a re  p lo t ted  against  
the estimated values. A 45O l i n e  of perfect agreement i s  shown i n  the  
f igure together with l i nes  of fl0-percent e r ror .  Certain of the correla- 
t i on  points have f l ags  t o  indicate that they represent the Mach number 
range 0.9 t o  1.0. 
(dCL/da)C i s  accurate t o  within about +lo percent f o r  wing-body com- 
binations a t  subsonic speeds, as w e l l  as supersonic speeds, except f o r  
cer ta in  combinations i n  the transonic range. 

It i s  apparent that  the present method of predict ing 

Figure 25 i s  presented t o  show how the present method predic t s  the  
trend with Mach number of the l if t-curve slopes of wing-body combinations. 
I n  general, the trends are w e l l  represented by the theory and the magni- 
tudes are within the expected accuracy, except f o r  cer ta in  combinations 
i n  the transonic range. For these combinations the wing-alone l i f t -curve  
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slopes in the transonic range are  greater  than the value given by l i nea r  
theory because of nonlinear transonic e f f ec t s .  McDevitt ( r e f .  66) has 
shown that f o r  rectangular wings having NACA 65~0xx sections, good 
agreement between l inea r  theory and experiment i s  obtained near 
f o r  l i f t  if the transonic s imi la r i ty  parameter 
unity. 
and theory on t h i s  parameter was noted f o r  the various plan forms repre- 
sented i n  f igure 25. 

M, = 1 
i s  less than A( t /c ) l l3  

No well-defined dependence of the agreement between experiment 

For some combinations the theory shows a peak i n  the l i f t -  
coefficient variation a t  
occurs on the supersonic side.  For Q = 1, the e f fec t ive  aspect r a t i o  
i s  zero, and the slender-body value of the l i f t -curve  slope, (n/2)A, 
has been used i n  the theory. On the supersonic s ide of MO = 1 the 
values of pA are small and the wing l i f t -curve  slope has been obtained 
from low-aspect-ratio l i nea r  theory. If the l i f t -curve  slope so obtained 
i s  greater than tha t  obtained from slender-body theory, then the maximum 
l i f t -curve slope occurs on the supersonic side of & = 1. The behavior 
of the l i f t  variation with Mach number around MO = 1 thus depends on 
the low-aspect-ratio l i f t  character is t ics  of the wing alone. 

& = 1, while f o r  other combinations the peak 

While the agreement between the estimated and experimental lift- 
curve slopes f o r  the large number of combinations compared i s  evidence 
suggesting tha t  the division of l i f t  between wing and body i s  cor rec t ly  
given by the present method, nevertheless, more d i r ec t  evidence i s  
needed t o  prove the point. Such evidence has been obtained f o r  super- 
sonic speeds and i s  available i n  reference 67. 
i n  references 2 and 3 give the same division of l i f t  between wing and 
body as a function of diameter-span r a t i o  as the present method. The 
comparison of the data of these reports i s  with the theore t ica l  division 
as given by the Lennertz theory which, as previously pointed out, i s  
numerically the same as tha t  given by slender-body theory on which the 
present method i s  based. 

A t  subsonic speeds data 

Wing-body-tail combinations.- The values of P(dCL/du)C a t  a = 0 
obtained from experiment are plot ted against  the estimated values i n  
f igure  26 f o r  subsonic speeds and i n  figure 27 f o r  supersonic speeds. 
To i l l u s t r a t e  the importance of wing-tail interference, the points are  
shown as squares fo r  no wing-tail interference and as c i r c l e s  f o r  wing- 
t a i l  interference included i n  the estimated values. It i s  apparent 
t ha t  effects  of wing-tail interference can be very large on a percentage 
basis, 30 t o  40 percent. However, a f t e r  the e f f ec t s  of wing-tail in te r -  
ference have been included i n  the theory, the e r rors  are generally 
within +lo percent. 
t a i l  interference i n  the worst cases must be within about +25 t o  30 
percent. 

Therefore, the accuracy of prediction of the wing- 
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Suff ic ient  data have been analyzed t o  present some e f f ec t s  of 
angle of a t tack and Mach number on the l i f t  charac te r i s t ics  of wing- 
body-tail  combinations. The nonlinear var ia t ions of CL w i t h  a f o r  
subsonic wing-body-tail combinations are shown i n  f igure 28. 
theory with and without wing-tail interference i s  shown. The theory 
including wing-tail interference i s  i n  good accord with the experiment. 
A s  expected, i n  the high-angle-of-attack range the measured lift tends 
t o  be greater  than the estimated l i f t ,  probably as a result of body 
cross flow. Comparison has been made between experiment and theory f o r  
supersonic speeds i n  f igure 29. Again, i n  the lcw-angle-of-attack 
range the agreement between the experimental and theore t ica l  values of 
the l i f t  coefficient i s  good. The var ia t ions of l i f t -curve  slope f o r  
zero angle of a t tack and of l i f t  coefficient f o r  several  angles of 
a t tack  w i t h  Mach number are  shown i n  f igures  3O(a) through 30(j)  f o r  a 
number of combinations. It i s  clear  t h a t  the trends with Mach number 
a re  well  predicted f o r  the combinations considered. Where the theory 
has not been extended t o  Mo = 1 from the subsonic or supersonic range, 
the wing-alone o r  ta i l -a lone l i f t -curve slopes could not be predicted 
accurately f o r  the low ef fec t ive  aspect r a t i o s  involved. The large 
transonic e f f ec t s  exhibited by some of the combinations are  predicted 
by the theory. Unfortunately, the wing-body-tail charac te r i s t ics  were 
not available f o r  any wing-body combination exhibit ing nonlinear t ran-  
sonic character is t ics ,  so it was impossible t o  see the e f f ec t  of adding 
a t a i l  i n  such a case. 

-The 

Center of Pressure 

Wing-body combination.- The center-of-pressure locations f o r  
wing-body combinations a t  supersonic speeds are not considered since 
the problem i s  discussed i n  reference 8, where it was shown t h a t  the 
center  of pressure of wing-body combinations employing triangular, rec- 
tangular, o r  trapezoidalwings could be estimated t o  within about f0.0162 
o r  less a t  supersonic speeds by the present method. 

The center-of-pressure positions f o r  subsonic wing-body combina- 
t i ons  as determined experimentally have been p lo t ted  as a function of 
the estimated posit ions i n  figure 3. Lines of k0.022 e r ro r  have been 
included i n  the figure.  Generally speaking, the configurations corre- 
l a t e d  l i e  within the k0.022 e r r o r  l i m i t s .  It is  t o  be noted t h a t  the 
e r ro r s  are randolnly dis t r ibuted about the l i n e  of perfect  agreement. 
Comparison i s  made between theory and experiment f o r  subsonic and super- 
sonic speeds i n  f igure 32 i n  which the var ia t ion  with Mach number of 
the centers of pressure i s  presented f o r  a number of wing-body combina- 
t ions.  The theory f o r  supersonic speeds has been presented i n  two 
manners. The so l id  l i n e  represents the theory without correction, while 
the dashed l i n e s  represented the theory with the  corrections advocated 
i n  reference 8. Generdlly speaking, the var ia t ion  with Mach number of 
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the  center of pressure i s  not large so long as the transonic range i s  
not traversed. However, through the transonic range, changes i n  center 
of pressure of appreciable magnitude can occur. 
s h i f t  are f a i r l y  well predicted by the theory when the correction of 
reference 8 i s  made. It should be remembered that the correction 
applies only t o  wing-body combinations at supersonic speeds. 

The magnitudes of the 

Wing-body-tail combinations.- A correlat ion of the center-of- 
as determined experimentally and as pressure positions f o r  

estimated are presented i n  figure 33 f o r  subsonic wing-body-tail com- 
binations. It i s  clear  t ha t  including the e f f ec t s  of wing-tail in te r -  
ference i s  suff ic ient  t o  move the points i n to  the correlation band f o r  
almost a l l  cases. 

a = 0 

The resul ts  corresponding t o  figure 33 are shown i n  figure 34 f o r  
supersonic wing-body-tail combinations. 
ference are la rger  generally than for the subsonic wing-body combina- 
t ions.  
combinations. 

The e f f ec t s  of wing-tail i n t e r -  

The correlation is accurate t o  within k0.022 f o r  nearly a l l  the 

The effects  of Mach number and angle of a t tack on the center-of- 
pressure position of wing-body-tail combinations can be very large.  
The effects  of angle of attack are i l l u s t r a t e d  i n  figure 28 f o r  sub- 
sonic combinations and i n  figure 29 f o r  supersonic combinations. In 
figure 28 the theory with and without wing-tail interference is  shown. 
The effects  of wing-tail interference are generally large for the com- 
binations i l l u s t r a t ed  and the e f f ec t s  are generally predicted t o  
within 0.022. 
changes i n  center-of-pressure location with angle of a t tack are observed 
and predicted f o r  combinations such as number 101, changes tha t  are 
comparable i n  magnitude t o  the e f f ec t s  of wing-tail interference i tself .  
The rearward s h i f t  i s  due t o  a decrease i n  the t a i l  download caused by 
the wing vortices as the angle of attack increases. An examination of 
figure 29 f o r  supersonic speeds discloses results similar t o  those of 
figure 28. 
f igurations exhibit  more dras t ic  angle-of-attack e f f ec t s  than the sub- 
sonic combinations. 

One important observation is tha t  some large rearward 

The most s ignif icant  difference i s  tha t  the supersonic con- 

One of the important problems of a i r c r a f t  and missile design, the 
center-of-pressure t r ave l  i n  the transonic range, is  considered i n  f i g -  
u r e  35. 
very small to  large rearward s h i f t s  i n  center-of-pressure position. 
Another important e f f ec t  shown i s  the large rearward s h i f t  due t o  chang- 
ing the angle of attack. 
instance greater than those due t o  Mach number. 
comparison between experiment and theory, it can be sa id  tha t  the trends 
with angle of attack and Mach number are w e l l  predicted and t h a t  the 
absolute values of the center-of-pressure posi t ion are within the f0.022 

The wing-body-tail combinations shown i n  t h i s  f igure exhibi t  

The changes due t o  angle of a t tack are i n  one 
With regard t o  the 

given as the accuracy of the correlation curves. 
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Effects of Wing Incidence 

31 

Varying the incidence of the wing a f f ec t s  the wing-body and wing- 
t a i l  interference, while varying the t a i l  incidence a f fec ts  only the 
tail-body interference. 
wing-body and tail-body interference have already been considered i n  
reference 9, wherein it w a s  shown t h a t  the present method predicts  the 
e f f e c t s  with engineering accuracy. Thus, there remain t o  discuss o n l y  
the  e f f ec t s  of wing deflection on wing-tail interference. 

The effects  of wing and t a i l  deflection on 

Deflecting a wing posi t ively w i l l  normally cause an upload on the 
A s  wing, but the  resul t ing w i n g  vortex causes a download on the t a i l .  

a result, a considerable pitching moment i s  developed. 
body-tail combinations with t a i l  spans greater than the wing span, 
Morikawa, i n  reference 12, pointed out t ha t  the l i f t  on the t a i l  due t o  
interference is  equal and opposite t o  tha t  on the wing. Under these 
circumstances a pure couple i s  developed on the airplane due t o  wing 
deflection so tha t  the center o f  pressure moves forward. 
movement can be large.  

For slender wing- 

The forward 

To determine the va l id i ty  of the present computational method f o r  
estimating the e f f ec t s  of wing incidence on the l i f t  and moment in t e r -  
ference of complete configurations, estimates are made of the l i f t  and 
moment charac te r i s t ics  of those combinations f o r  which data f o r  variable 
wing incidence are available. The estimated and experimental character- 
i s t i c s  are compared i n  f igures  36 to  40, inclusive, f o r  several  combina- 
t ions  differ ing widely i n  Mach number and wing and t a i l  plan form. 
combinations exhibi t  the forward movement of the center of pressure. I n  
the  low-angle-of-attack range where the theory applies, the agreement 
between theory and experiment is good except f o r  the combination of f ig -  
ure 39. This combination, which was tes ted  a t  supersonic speeds and 
which has a t r iangular  wing w i t h  supersonic leading edges, exhibi ts  a 
behavior which i s  not explainable in terms of the theore t ica l  model with 
one f u l l y  rolled-up vortex per  wing panel. 

All 

A closer  examination of figure 39 reveals t h a t  the predicted l i f t  
due t o  wing deflection i s  i n  good agreement with experiment, but  the 
predicted moment i s  not realized. Since the predicted moment i s  due 
primarily t o  t a i l  download, i t  follows t h a t  the t a i l  download i s  not 
developed. 
ye t  unpublished experimental resul ts  and theore t ica l  results (ref.  4) 
indicate  tha t  for rectangular wings of suf f ic ien t ly  large aspect r a t io ,  
the  span loading a t  the juncture of the wing and body i s  considerably 
below the m a x i m u m  span loading on the wing f o r  variable wing incidence 
a t  zero angle of attack. This means t h a t  the  shed vo r t i c i ty  inboard 
has the opposite sense of rotat ion of t ha t  shed outboard, and upwash 

This behavior i s  explainable i n  terms of span loading. As 
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i s  generated inboard. Under these circumstances it appears t ha t  two 
vortices p e r  wing panel are the l e a s t  number t h a t  can adequately repre- 
sent the trailing-vortex system. The combination of f igure 39 possesses 
a triangular rather than a rectangular wing ,  but i ts  ef fec t ive  aspect 
r a t i o  i s  6.8 so tha t  the foregoing e f f ec t  may be anticipated.  A compli- 
cating factor i s  tha t  the shock wave i s  detached from the wing f o r  all 
angles greater than about 3O so t h a t  the flow is, i n  par t ,  transonic. 
Also, the t a i l  span i s  considerably less than the wing span so tha t  the 
t a i l  i s  located largely behind the inboard portions of the wing. For 
these reasons it i s  f e l t  t ha t  the theore t ica l  model of one vortex per 
wing panel is  inapplicable and tha t  two vort ices  per wing panel i s  the 
m i n i m  number tha t  can describe the gross e f f ec t s  of the phenomenon. 
However, more experimental work must be done before an accurate theory 
can be developed t o  cover t h i s  case. 

Limitations and Extensions of the Method 

I n  t h e  application of any method such as the present one, the 
important question of i t s  l imitat ions arises. 
number of variables specifying a wing-body-tail combination, it i s  not 
prac t ica l  t o  present correlations covering a l l  possible combinations. 
For t h i s  reason the l imitations and possible extensions of the method 
a re  best  determined by an examination of the assumptions made w i t h  regard 
t o  configuration geometry, angle of attack, and Mach number. 

Because of the very large 

With regard t o  configuration effects ,  the assumption was made tha t  
the leading edges a re  not swept forward nor a re  the t r a i l i n g  edges swept 
back. For sweptforward leading edges or  sweptback t r a i l i n g  edges, the 
solution of slender-body theory used t o  determine 
not applicable because no account i s  taken of the t ra i l ing-vortex system 
tha t  passes through the cross-flow planes of the wing-body combination. 
The use of the correct cross-flow solution, determined by the method of 
Lomax and Byrd i n  reference 13, should circumvent t h i s  d i f f icu l ty .  How- 
ever, some successful preliminary correlations between data on swept 
wing-body combinations and the estimates of the present method (ignoring 
the sweep of the t r a i l i n g  edges) indicate t h a t  the e f f ec t  may not be 
large.  While the present method i s  worked out only f o r  unbanked con- 
figurations with two wing panels, it seems possible by use of the appro- 
p r i a t e  slender-body-theory solution t o  extend the method t o  banked con- 
figurations with any number of wing panels. For interdigi ta ted o r  high 
tails  the method can be eas i ly  generalized. For d i f f e ren t i a l  incidence 
of the wing panels, the method i s  s t i l l  applicable if a step-by-step 
calculation of the type mentioned i n  reference 15 i s  used t o  determine 
the vortex position at the ta i l .  
i s  based corresponds t o  the case of the maximum circulat ion of the wing- 

Kw(B) and KB(w) i s  

The model on which the present method 

body juncture. A violat ion of t h i s  assumption invalidates the model. - 
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Such a condition could conceivably ar ise  through the use of inverse 
taper, sweptforward wings, high-aspect-ratio deflected wing panels with 
supersonic leading edges, o r  wing panels having large gaps between wing 
and body. 

With regard t o  angle-of-attack effects ,  it has already been s t a t e d  

Body vor t ices  
t h a t  the assumption of l i n e a r i t y  i n  the  present method l i m i t s  the useful 
angle-of-attack and wing-deflection ranges of the theory. 
and more than one vortex per wing panel can occur i n  flow at  high angles 
of attack, as shown by reference 15. With regard t o  Mach number e f fec ts  
i n  the transonic and hypersonic ranges, the present method w i l l  f a i l  
where nonlinear e f f ec t s  become important. However, since the divis ion 
of l i f t  i s  not sensi t ive t o  span loading, the l i f t  r a t i o s  may be appl i -  
cable i n  the nonlinear range. 

CONCLUSIONS 

On the basis of the comparison between predicted and measured l i f t s  
and center-of-pressure posit ions of a large number of wing-body and 
wing-body-tail combinations, the following conclusions can be drawn: 

1. It was determined t h a t  the present method predicts  l i f t -curve  
slope t o  within f10 percent f o r  most combinations through the speed 
range. However, i n  the transonic range nonlinear e f fec ts  may reduce the 
accuracy of the l i f t  prediction. 

2. 
speeds, the center-of-pressure positions are predicted t o  within k0.02 
of the body length. A t  supersonic speeds the same accuracy i s  obtained 
f o r  wing-body-tail combinations. 

For wing-body and wing-body-tail combinations a t  subsonic 

3. The e f f ec t s  of wing-tail interference may change the combination 
l i f t s  by as much as 35 t o  40 percent and may change the  center-of-pressure 
posi t ions by as much as 10 t o  20 percent of the body length. 

4. The nonlinear e f f ec t s  of angle of a t tack  on center-of-pressure 
posi t ion and l i f t  may be as important as those of Mach number. 

Ames Aeronautical Laboratory 
National Advisory Committee f o r  Aeronautics 

Moffett Field, Calif., J u l y  8, 1953 
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APPENDIX A 

DETERMINATION OF KB(W) AND KB(T) FOR NO BODY 

BEHIND WING OR TAIL TRAILING EDGE 

NACA RM A53G08 

The method f o r  determining KB(w) o r  KB(T) f o r  the  case of no 
afterbody para l le l s  closely the method used i n  reference 7 f o r  the 
afterbody case. 
on the top of the plan-form area of the  body i s  

Referring t o  figure 41 the pressure d is t r ibu t ion  acting 

f o r  supersonic leading edges and 

f o r  subsonic edges, where P i s  the pressure coeff ic ient  and i s  
in radians. These results have been taken from references 68 and 69. 
The l i f t  act ing on the body due t o  using both panels i s  then 

where d i s  the  body diameter. Carrying out t h i s  integrat ion and 
dividing by the l i f t  of the wing alone yields  

4 
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C C The restriction that - > d is not a serious one. For d > - it is 
clear that the lift transmitted to the body is the same as for d = j-j 

( h  + 1) ($  - 1) is a function only of mp and pd/c, and has been 
plotted as a function of these two variables in figure 5(a). 
ure is so constructed for 
given wing panel. 

C P B 

The value of the parameter KB(w) so that KB(w) is constant. 

The fig- 
Pd/c > 1 that KB(w> is constant for a 
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W A  RM A53GO8 

DETERMTI"I0N OF TAIL 1-NCE FACTOR BY USE OF 

STRIP TEEORY AND SLENDEEI-BODY TBEORY 

The t a i l  interference fac tor  t o  be evaluated is  

LT (V) i = -  

The l i f t  r a t io  is  readily evaluated by a combination of s t r i p  theory 
and slender-body theory. The model used t o  obtain the v e r t i c a l  velocity 
at  the t a i l  induced by the wing vortices i s  the slender-body model given 
by figure 42. From the Biot-Savart l a w  f o r  an i n f i n i t e  l i n e  vortex, the 
ve r t i ca l  velocity due t o  the r ight  external  vortex is  

rm(f - 11) 
W = -  

2r! [h2 + (f - v ) ~ ]  

I n  t h i s  equation 
x is positive upward. 
v a r i a t i o n  of w across i t s  span. A l l  geometric quant i t ies  i n  the der i -  
vation are understood t o  be those of the t a i l  ra ther  than the wing so 
t h a t  no subscript w i l l  be used. 

t o  the vortex involves an integration across the exposed pa r t  of the 
tai l .  As previously discussed, the l i f t  evaluated by t h i s  procedure 
appears par t ly  on the t a i l  panels and par t ly  on the body. 
l i f t  coefficient i s  W e n  as 
vortex on the r igh t  external panel i s  

is  posit ive counterclockwise facing upstream, and 
The t a i l  i s  e f fec t ive ly  twisted because of the 

The application of s t r i p  theory t o  obtain the load on the t a i l  (3ue 

If the section 
4/p, the l i f t  due t o  the r igh t  external 

The value of L1 obtained by integrating equation (33) i s  obtained Xith 
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the aid of the following function: 

('-'I [(s-r) + h tan'' (fis) - - h tan-l 
( 6 -  r) 

as 
r f h  

L1 = 

2fl SVO 

The lift on the right panel due to the left vortex is 

L,=- 4srmcr L (A,,,-,,, f h )  
2 f l P V O  

Consider the image vortices having coordinates 
following equation: 

fi and hi given by the 

fr2 
f2 + h2 fi = 

h? 
f2 + h" 

hi = 

The lifts of the right and left image vortices are then given, respec- 
tively, by 
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The total lift due to the wing vortices and their images is 

To obtain the tail interference factor, i, requires a determination 
of the lift of the tail alone by strip theory to nondimensionalize the 
foregoing lift quantity. 

Integration gives 

4u4( s-r)cr(l+A) 
57.3 P 

(LT& = 

Forming the ratio given by equation 
for i: 

(Bl) yields the following result 
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APPENDIX C 

DETERMINATION OF TAIL INTERFERENCE FACTOR FOR RECTANGULAR 

TAILS USING ALDEN-SCHINDEL TECHNIQUE 

The technique of Alden and Schindel described i n  reference 16 can 
be used f o r  estimating the load on the t a i l  section due t o  wing vort ices .  
Figure 43 shows the model which i s  analyzed. 
t h a t  the l i f t  due t o  the vortices originates on the exposed t a i l  panels 
even though some of t h i s  l i f t  may be carr ied over onto the body. Thus, 
an integrat ion across the exposed wing panels gives a l l  the l i f t .  This 
assumption i s  the same as tha t  made i n  evaluating the t a i l  interference 
fac tor  by s t r i p  theory and has been previously discussed. The analysis 
i s  carr ied out with p = 1 t o  simplify the algebra, and the p's are 
reintroduced in to  the f i n a l  charts.  The e s sen t i a l  idea of the Alden- 
Schindel technique i s  tha t  the t o t a l  l i f t  act ing on a wing of a rb i t ra ry  
t w i s t  can be evaluated by a s t r i p  technique wherein the weighting fac tor  
f o r  the  loca l  s t r i p  corresponds t o  the span loading a t  the s t r i p  f o r  the 
same plan form a t  uniform angle of a t tack i n  reversed flow. 
matical  form t h i s  r e su l t  i s  s ta ted  as 

The assumption i s  made 

I n  mathe- 

wherein F(v)  i s  the weighting factor  and w(7) i s  the v e r t i c a l  component 
of velocity.  
weighting fac tor  i s  given f o r  the three regions as 

With reference t o  figure 43 f o r  model and coordinates, the 

Region I.: 

Region 11.: 

Region 111.: 
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The ver t ica l  veloci ty  component due t o  the r igh t  external  vortex is 

To evaluate the l i f t  due t o  the r igh t  external  vortex the following 
integration must be performed: 

Performing the integrations presents some algebraic d i f f i cu l ty .  
the  answer was obtained in closed form i n  terms of the following func- 
t ion : 

However, 

x \  1 2 2  c c c c ,  

1 - 2n 
2 

- - + 
nlb IYl 72 71 

a 2 6 2 d G  1 [ h2+ (f-s+c).] [ h2 + (f+r)2 

f i I b I 7 2  
+ - 2n 

2 h2 + (f-r)2 h2 + ( f + S - C ) 2  

+ 
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where 

2f 2s + E l = - - -  
C C 

I n  terms of the function X, the l i f t  i s  

L1 = - rmqs x ('.".sf) 
XVO c c c c  

The contribution of the image vortex t o  the l i f t  must now be determined. 
The coordinates of the image vortex to  the r igh t  are 

r2f fi = - 
f 2+h2 

r2h 

f 2+h2 
h i  = - 

In  terms of these coordinates t h e  l i f t  due t o  the image vortex, taking 
in to  account the change i n  the sign of the circulation, i s  

The X function i s  determined i n  terms of the following parameters: 
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2 f i  2s + 83 = - - -  
C C 

NACA 

The lift due t o  the two external vortices and the two in te rna l  vort ices  
i s  thus 

The l i f t  so determined is  exact within the l i m i t s  of l i nea r  theory. 
It is  necessary to  obtain the l i f t  of the wing alone, as given by l i nea r  
theory, to form the r a t i o  given by t h e  t a i l  interference fac tor  i. 

57.3 rm /2nv0a( s -r> 

The l i f t -curve slope of a rectangular t a i l  per radian i s  

- dCL = 4 (1 - 4) 
da 

so t h a t  

The l i f t  r a t i o  is  obtained by division 
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or 

43 

. 



44 

APPENDIX D 
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DETERMINATION OF CENTER OF BODY LIFT DUE TO WING 

AT SUBSONIC SPEEDS 

Hitherto, no subsonic method has been available f o r  estimating the 
center of the l i f t  transferred by a wing o r  t a i l  t o  the body. 
approximate method f o r  accomplishing t h i s ,  based on l i f t i n g - l i n e  theory, 
i s  now presented. 
and moment charac te r i s t ics  of swept wings at subsonic speeds can be 
gained by placing a l i f t i n g  l i n e  of variable loading a t  the wing quarter 
chord and sa t i s fy ing  the tangency conditions a t  the three-quarter chord. 
See, f o r  instance, reference 26. 
the body is  shown i n  figure 21. The image of the quarter-chord l i n e  
inside t h e  body is obtained by re f lec t ing  each point of the quarter- 
chord l i n e  i n t o  the body i n  i t s  cross-flow plane. Since the quarter- 
chord l i n e  i s  not uniformly loaded, t r a i l i n g  vortices w i l l  stream back- 
w a r d  from the l i n e  proportional i n  strength t o  the gradient of the 
span-loading curve. A series of three horseshoe vor t ices  representing 
the span loading i s  shown i n  figure 21 Image vortices inside the body 
are a l so  i l l u s t r a t e d .  I n  the mathematical treatment t h a t  follows, the 
number of vortices increases without l i m i t .  

An 

It i s  known t h a t  a good approximation of the l i f t  

An extension of t h i s  model t o  include 

Consider the quarter-chord l i n e  with an e l l i p t i c a l  loading 

The strength of the bound vortices i s  proportional t o  
external flow and the in te rna l  flow. The l i f t  due t o  the bound p a r t  of 
an elementary horseshoe vortex i s  proportional t o  the product of i t s  
strength times i t s  length 

r ,  f o r  both the 

The l i f t  due t o  any horseshoe vortex i s  concentrated a t  i t s  bound vortex 
so t h a t  the moment about the leading-edge quarter-chord intersection i s  

rr2Cdq rr2 (7-r) t a n  A, dv 
T v -  

v2 7= 
dM-- 
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Jr  v2 

The value of %B(w) as determined 

-+ C r  

4 
- 

by integrat ing equation (D5) 

Js(s-2r) cosh-l( 7) - (s-r) + - 2 
r[r 1 ;  s >  2r  

i s  

J (s-r)r cosh-l( y) + - (s-r)2 - -( r[ s-r) 
2 r J G j  

. 
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TABLE 11.- SUMMARY OF GEOMETRIC AND AEBODYNAMIC CHARACTERISTICS 
AND TEST CONDITIONS FOR WING-BODY COMBINATIONS 

(a) Geometric Characteristics 

I I I I I I I  I I I I I I 

Ame s 
12 it 
Ames 
12 ft 
Ames 

Ames 
h6 ft 

6x6 ft 
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TABLE 11.- SUMMARY OF GEOMEBIC AND AERODYNAMIC CHARACTERISTICS 
AND TEST CONDITIONS FOR WING-BODY COMBINATIONS - Continued 

(b) Aerodynamic Characteristics 

--+-+- 
.067 

b I .70 I .lo4 

.70 .187 

d 1l.b I .041 

* 
h 1.93 

I 
-+ 

1.22 I .38 $q% 
1.22 .29 

q 
1.21 - 
1.47 I .82 
1.21 I .36 
ZqT 
1.11 .20 

1.11 .18 

1.11 .17 

1.11 .17 

1.11 .16 

1.11 .20 

1.ll .20 

1.11 .20 

1.11 .20 

1.Y .l9 

1.11 .17 

1.11 .16 

1.11 .16 

Theore t i ca l  Experimental  
BLif t  Center  of pres su re  * L i f t  c.p. 

"$ BcL% 'N b ( B )  iB(W) ic (3c Bc% wLT (i)c 
3.47 0.27 5.05 33.4 70.76 70.05 4.70 0.471 68.67 0.470 

3.16 .23 4.59 33.4 70.76 69.99 68.78 .471 4.35 .468 

?A3 .l9 4.10 33.4 70.76 69.82 68.87 .472 3.94 .470 

?.51 .16 3.62 33.4 70.76 69.60 68.94 .472 3.56 .470 

1.02 .12 2.90 33.4 70.76 69.23 69.02 .473 3.08 .475 

3.42 I 1.91 I 7.25 I 2.521 2.651 3.23 I 2.71 1 .207 I (1.78) I 7.561 .180 
2.25 I .25 I 3.60 lu.6 19.18 128.74 128.62 I .446 I I 4.001 .460 
1.90 .eo 3.03 11.6 9 . 2 0  28.86 28.71 .448 3.39 .462 
1.28 .12 2.03 11.6 30.39 29.09 29.00 ,452 2.22 .465 
3.14 .65 5.61 11.6 60.74 60.03 55.00 .8% 5.65 .a35 
2.78 .52 4.91 11.6 60.76 60.08 55.44 .864 4.46 378 
1.97 .32 3.43 11.6 60.80 ,60.20 56.05 .875 3.25 .925 

I 1 1 1 1 1 1 1 

11.40 .I22 1.82 4.45 10.91 7.2113.05 12.37 10.54 .13l 
I 1 
I I I 1 1 1 1 
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TABLE 11.- SUMMARY OF 
AND TEST CONDITIONS 

GEOMETRIC AND AERODYNAMIC CRARACTERISTICS 
FOR WING-BODY COMBINATIONS - Continued 

(c) Geometric Characteristics 
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TABLE 11.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS 
AND TEST CONDITIONS FOR WING-BODY COMBINATIONS - Continued 

(d) Aerodynamic Characteristics 

Theoretical Experiment 

' L i f t  Center of pressure 'Lift c . p .  

Bc$ wL% BcLac iN 'W(B) b ( W )  iC (3c ELaB ~ L , c  (I>, 
3.07 0.11 4.11 7.80 20.02 19.93 19.66 0.590 '4.01 0.575 

2.15 .15 3.15 12.44 42.74 39.28 40.75 .674 3.33 .679 

1.84 .u 2.70 12.44 42.88 39.62 40.95 .678 2.79 .682 

1.47 .09 2.15 12.44 43.02 39.93 41.21 2.26 .659 

' 

.688 

1.13 .07 1.65 12.44 43.33 40.20 41.56 .695 1.77 .695 I 
2.26 .E? 3.22 12.44 45.84 44.02 44.26 .733 3.24 .728 
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TABU 11.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTEXISTICS 
AND TEST CONDITIONS FOR WING-BODY COMBINATIONS - Continued 

(e) Geometric Characteristics 

- 

0.4 

- 
3.20 

2.m 

1.74 

2.65 

3.92 

5.50 

2.00 

- 
- 

- 
- 

- 
- 
- 
2.51 
- 
2.19 

1.64 
- 

__ 
1.19 

5.62 

5.52 

5.52 

5.52 

1.49 

1.18 

- 
- 

- 

- 
__ 
- 
- 

,834 __ 
1.60 

1.26 

.go 

2.53 

- 

__ 
- 

- 

I I I  I I 

, ,-j --- 

24' j ,272 i 4.1231 .333 1 z I D.T.M.B. 
1 1 

. 
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TABU 11.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS 
AND TEST CONDITIONS FOR WING-BODY COMBINATIONS - Conclude6 

(f) Aerodynamic Characteristics 

Experiment meoretical 
Center of pressure &Lift c.p. 

- I  i 
IW(B) IB(W) lC (7 Bcz% wl% (71 Mo KN 

pc14 - 
2.96 0 .a 0.036 

I 
.032 

.030 
- 2.49 

1.97 
- 3.24 q 2  

1.10 .15 

2.55 9.65 

1.20 .028 3.14 4.01 9.65 

1.40 3.96 5.04 9.65 1.10 .14 

1.10 .15 

1.15 .25 

1.13 .22 

1.13 .22 

1.13 .22 

1.13 .22 

1.09 .i5' 

1.09 .I? 

1.09 .15i 

1.09 .i5' 

1.13 .23 

1.13 .23 

1.13 .2 l  

1.ll .l& 

1.ll .la' 

1 . ~ 1  .18 

1.285 .50 

1.70 
- 

* I 3  

.046 
- 

.a69 

4.00 
- 
2.19 
- 
2.72 

5.17 9.65 

3.22 
__ 
3.81 .40 .052 

.60 2.51 

2.07 

__ 3.51 

2.88 

~ 

.80 .Oh5 

* 90 .Ob2 1.63 2.26 27.99 26.26 

12.85 12.97 12.62 .31.5 5.81 .322 

4.83 .325 

13.46 12.72 1 3 . ~ 1  .328 4.83 .32: 

.1oc .145 4.13 5.30 4.04 

.loo .141 4.12 5.27 4.04 

.1oc 

.1oc 
- 

.141 

.141 
__ 

4.12 

4.12 

1.76 

__ 

- 

5.27 4.04 

5.27 

2.48 
- 4.04 

3.04 
- 13.09 13.73 12.92 -323 4.83 .32: 

8.29 7.67 7.98 .570 2.40 .% 

8.33 7.73 8.05 .575 1.95 .%I 

8.83 8.18 8.56 .611 1.53 .%5 

.OS2 

.851 

1.067 
- 

.Ob5 

.042 
- 1.46 

1.22 
- 2.06 

1.68 
- 

3.04 

3.04 
- 

2.48 . 50: 

. 50: 
- 7.81 7.92 7.66 .546 2.38 

7.78 7.84 7.63 .545 2.19 

7.54 8.09 7.49 ~ 5 3 5  1.76 

51.09 50.63 44.13 .414 5.74 

3.04 

3.04 1-53 

1.31. 
__ 2.05 

1.74 3.04 . 5 3  1.067 I -0% 

.183 I .36C 2.72 __ 1.00 - 5.85 - 10.8 .39' 

'- denotes nonunifom or unknown t/c, thickness-chord ratio 
'hex. indicates hexagonal 
3b.c. indicates biconvex 
4 d . ~ .  indicates double wedge 
503nfiguration tested with extended tail boom coaxial with body 
EBCI, per radian based on exposed wing area 

7() denotes experimental value used in theory for combination 
BExperimental data nonlinear near GOO 
9 
NOS. 11 and 15  identical except wing thickness 

~ONOS. E and 16 identical except wing thicbess distribution 
''NO experimental or theoretical value available for i, 
12 

E based on exposed wing area 
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TABLE 111.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS 
AND TEST CONDITIONS FOR BODY-WING-TAIL COMBINATIONS 

(a) Geometric Characteristics 

Facility 7 

q 
12 it 
h e  
12 ft 

Flight 1 
F l i g h t  1 
F l i g h t  1 
Flight 1 

. 
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9.W .e50 1.42 .62 1.19 .27 2.34 2.34 .23 4.17 3.40 ll.88 33.49 32.04 82.07 81.51 71.63 69.29 .627 . a 7  3.38 ,603  

. 

h i > @  1.m 1.4 .72 1.19 .26 2.77 2.81 .33 4.7k 4.14 ll.83 33.17 32.47 121.81 l22.01 107.66 l05.?4 ,698 ,683 4.23 ,678 

TABU 111.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS 
AND TEST CONDITIONS FOR BODY-WING-TAIL COMBINATIONS - Contimed 

(b) Aerodynamic Characteristics 
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TABLE: 111.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS 
AND TEST CONDITIONS FOR BODY-WING-TAIL COMBINATIONS - Continued 

(c) Geometric Characteristics 
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TABU 111.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS 
AND TEST CONDITIONS FOR BODY-WING-TAIL COMBINATIONS - Concluded 

(d) Aerodynamic Characteristics 

l h c o r e t i e l l l  m e r 1 m e " t a l  
center Of pressure %it c . 9 .  

p~gi ps p h  ps in iw(n) ~ ( w )  !T(B) ln(T)  7, i c  r:)c (:X plat (il 
7- 
Lin 

Ktl k ( B )  h ( U )  KT(B) KB(T) 

1.11 0.12 1.19 0.069 3.65 3.a 0.23 5.73 5.45 (0.317) 5.67 6.29 8.35 8.47 5.97 5.78 0.602 0.661 0.23 5.36  0.673 

1.3 .5 j  1.3 .53 3.62 3.62 1.51 1b.97 9.78 (1.46) 3.51 4.05 8.23 8.58 5.48 4.01 ,609 ,446 (1.72) 9.09 ' O . 4 8 6  

'R baaed on F of larger lifting -fBce 
=- denotes nonunifom or unknown t / C ,  thlckneea-chord ratio 
'd.v. i n d i c a t e s  double wedge 
'hex. i n d i c a t e s  hexagonal 
'b.c. i n d i c a t e s  biconvex 

' )S l ight  v a r i a t i o n  between subsonic and Buper8onic d e l  vlw propOrtions, s Y b s O n i C  c o n f l y r a t i o n  tes ted  vitb extended, c y l i n d r i c a l  tail born coaxial with body. 

sc%. '~11 liit c u m  siopee (per radian) referred to exposed m a  or larger i i r t iw surfsee except 

avaiue by zeglecting uing-mi interrerence  

or 

* ( )  indicate. experimental va lue  ueed i n  ths0ry  for cmbination 
10Experimental CL or c. curve nonlinear nu I . 0. 
l lAlden-Schmdel  technique applied i n  eetimatlng interference. 

"Experimental lift or m m n t  curves V . B .  

" E  based on erpoaed -a 

a do not pass through origin far s m t r i e a l  models. 

65 
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. 

Tai/ afterbody 7 

(a) Ports of a wing-body +a// combination. 

(&/ Lifts without wing -toil inter ference. 

/c/ Lifts due to wing vortices. 

Figure L -Ports and lift components of a wing-body-toi/ combination. 
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/.4 
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.8 

.6 

.4 

.2 

0 .2 .4 .6 .8 LO 

Radius - semispun rotio, (r/s)w or (vsIT 
Figure 2. - VWues of lift fofios bused on slender-body theory. 
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.4C 

.36 

.32 

.04 

0 ./ .2 .3 .4 .5 
(~s),,, or (r/f)w radius - semispun rotio 

. Figure 3 - Comparison of slender - body theory and theory of Lennertz 
for fraction of /iff carriedby body. - 
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c 

L 

Y Mach lines - - - 

(a} Nonplanar model. (&} Planar model. 

Figure 4. - Equivalent planar model for determination of KB(,,, and KBcn 
for high-aspect-ra fio range at supersonic speeds. 





72 NACA RM A53G08 



73 . 

r) 
X P 
I 

X 

figure 6.- Vortex model used in determination of wing- tail interference. 
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\., 
I 
I 
I 
I 
1 I- 

4 SW c 

figure il- Circuhtion distribution of wing troihg edge and 
equivdent horseshoe vortex. 
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(a) No Ieadhg-edge sweep. 

.6 

.4 

(b) No midchord sweep. 

75 

.. 
0 / 2 3 4 5 6 7 8 

Effective aspect rat@ ,&A 

fc) No troifing-edge sweep. 

Figure &-Chart for determination of wing vortex 
weeds. 

/atera/ positions at subsonic 
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(a) No leading-edge sweep. 

I. 0 

.8 

.6 

.4 

(b)No midchord sweep. 

LO 

.8 

.6 

.4 
0 I 2 3 4 5 6 7 8 

€fhtive aspect mho, PA 
&)No troifihg-edge sweep. 

Figure $?-Chart rbr &ferminatim of wihg vorfex faferal posihons at supersonic 
speeds. 
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M*‘ 2.0 
5,= A25 
r = 0.75 
e,= 3.0 
x/c, = 1.8 

t y  

*w 
.6 

‘rc 
0 

.? Q 
$ &  
% $  .- .2 2 :  
‘4 
b 
4 

0 4 8 /2 16 20 24 
Angle of attack, a, deg 

/o/ Lotera/ position of vortex at tu;/ position. 
15 

2 Qd-  2 2 LO 
s .w- .9 ;; :* .5 
$ 8  

W f ,  

s 
0 

(6) Vertical position of vortex at tail position. c;.zs 
Figure IO. - Comparison between tbeory and experiment for lateral and 

veriica/ positions ut wing vortex ot tail position of aspect lotio 2/3 
triangu/ar wing and body combination. 
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M= 2.0 
s,= 2.25 
r = 0.15 

0 

Cr= 3.0 
x/Cr 2 L8 

.6 
fm/Cr 

4 

.2 

0 4 8 I2 16 20 24 
Angle o f  attack, a ,  deg 

(a,) L atera/ posit ion of vo rfex at tai/ posit ion. 

L5 
Theory: 1 I 1 I 1 1 I i I 
- --  Vortex path in free -sfream direction 
--- Vortex path corrected for 7 I and inducedeffects I 

(b) Verticd position of vortex uf hi/ position. 

Figure 11.- Comparison between theory und experiment for /atera/ and 
vertical positions of wing vortex at  to// position of aspect rofio 2 
friangulor wing and body combination. 
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vortex path in free - stream direction 
Vortex path corrected for 

1 and induced effects 1 

(6) Vertical position of vortex at toil position.- 

Figure 12.- Comparison between theory and experiment for /utero/ and 
verf icd posifions of wing vortex of foi/ position of  aspect ratio 4 
friungular wing and body combination. 
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. 

(b) AT = 0, ( . / s ) ~  = 0.2 

figure 1.3 -Charts for determination ,of toi/ interference factor as determined 
by strip theory. 
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0 
Q 

vortex /at era1 position, (f/s)r 
ld) 47 = 0, W S ) ~  = 0.6 

81 
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0 .8 1.2 /.6 20 24 2.8 
Vortex lotera1 position, (f/sjT 

( f )  A r= //Z, (r/s)T =O. 2 

Figure 1.3 - Continued. 

. 

. 
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C* 
-2 2 0  
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1.2 

.4 

0 .8 42 L 6  2.0 2.4 2.8 
Vortex lateral position, (f/s), 

(h/ A r= 1/2, (V.S/r = 0.6 

/g) A,= l/2, (r/s), = 0.4 

Figure 13. - Confinrued 
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. 

0 .4 .8 12 16 2.0 2.4 28 
Vortex lateral posifion, (WS,: 

( j )  A,= I, (r/S+ = 0.2 

Fiaure 1.3 - Continued 
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Figure I6 - Lift-curve slopes of supersonic wings as determined by 
linear fheory. 

c 
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.4 

.2 

C 

(6) No midchord sweep. 

/ 2 3 4 5 6 
€ffective aspect ratio, #A 
(c) No trailing-edge sweep. 

7 

Figure IZ - Charts for determination of wing- alone center of pressure ot 
subsonic speeds as determined by lifting -line theory. 
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Effective ospecf rotio, HA 
/c) No frailing-edge sweep. 

Figure J8.- C ~ U T ~ S  for determinotion of wing- done center of pressure ot 
S U ~ S T S O ~ ~ C  speeds os deiermined by linear theory. 
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Figure 



Theory of 
fig. /9(0) or - 
lineor theory 
Extropo/otion - - 

- 

'* 0 . 
I 

.2 
0 

I 

la) No leading-edge sweep, A =O. 

(b) No leading- edge sweep, A = l/Z. \ 
0 

Effective aspect ratio, / A  

Figure 20. -Charts for determination of (x) or (x) at 
(c) No leoding- edge sweep, 1 =I. 

cr e(w1 cr BlW 
with afterbodies. 

supersonic 

a 

. 
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(d) No midchord swmp, 1 = 0. 
E 

/e) No midchord sweep, 1 =i/2. 3 

93 



( i )  No trailing-edge sweep, A = I .  

Figure 20. - Concluded 

. 
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r 

c P 

< 

- r -  

1 

Quarter- chord 

(a) Plan view. r 

, Image quarter-chord kne 

\.. 

I I I N l I I I I  / \/ 

hhe 

mrtices 

(6) Vortex system. 

figure Z/.,-Vortex model for determhhg center of pressure of h d y  lh presence of 
whg or tail at subsonic speeds. 



96 
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.2 

.I 

0 
s 

\Q '& .3 

--- €xtrapo/ation 

/a/ No leading-edge sweep, 1 =O. 

NACA RM A53G08 

c 

0 I 2 3 4 5 6 7 8 
Effective ospect ratio# ,&A 

/c) No leading-edge sweep, A=/. 

figure 22. - Charts for determination of (2- or (L) at subsonic speeds 
cf B/W cr B/ll  

. 
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(4‘) No midchord sweep, 1=0. 

.3 

-2 

./ 

0 / 2 3 4 5 6 7 8 
Effective uspect rufio, ,@A 

/ f )  No midchord sweep, 1 = /. 

Figure 22. - Continued 
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/e) No midchord sweep, 1 = I’M. 
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P 
(g) No trailing-edge sweep, A =O. 

(h) No trailing-edge sweep, A=l/Z. 

Figure 22. -Concluded 
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.5 

.4 

.I 

0 IO 20 30 40 50 60 
Nose half - angle, degrees 

Figure 23.-Center of pressure of ogival nose as determined from 
slender- body theory! 
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2 4 6 8 IO I2 

Estimoted lift- curve slope, @(a) 
da c 

Figure 24. - Correlotion between experimentol and estimuted lift -curve 
slopes for subsonic wing - body combinations. 

. 
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lo) Wing-body covnbination I. 
10 

- 8  
0" 
e? 
Q 6  s 
v) 

B 4  $ 
4 
!% 4 2  

0 

IO 

" 8  

d 6  s 

0" 

v) 

2 4  s 
c1 
I 

4 2  

0 
hhch number, M' 

(c )  Wing-body combinntion 3. 

Figure 25. -Variation with Mocn number of lift-curve sbpe of wing-body 
combinations. 
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(d) Wing-body combination 4. 

( e )  Wing-body combination 7. 

0 .2 .4 .6 .8 1.0 1.2 1.4 1.6 1.8 2.0 
Mach number, Mo 

( f )  Wing -body Combination 8. . 
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(g )  Wing-body combination 9. 
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Figure 25 - Continued. 
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( k )  Wing-body combhation 1.3 
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( I )  Wing-body combinofion 14. 
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Figure 26.- Corre/ofion b8f ween experhento/ ond estiino fed /iff -curve 
slopes for subsonic wing -body-toi/ combinations ot a=O. 
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Figure 2iT - Correlotion between experimental and estimated lift -curve 
dopes for supersonic wing-body- tail combinofions of a =O. 

. 



NACA RM A5908 
I[ , , , , , , , , 

--- Theory, no wing4ui/ 
interference 

- Theory, wing-toil inter- 
ference included 

6 

(@.I Combinotion /OL 

Angle of attuck, a, deg 
@.I Combhotion /03. 

/b/ Combinotion /02. 

Figure-28- Liff and cenfer-ofipressure characferisfics of subsonic 
wing -body - foil combinafions. 
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Figure 28, - Continued. 
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(i) Combinution /09 (u). 

figure 28. 

Angle of ottock, a , deg 

( j )  Combim~im / / O  (u). 

- Conchded. 
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Figure 29- Lift and cenfer-of-pressure characteristics of supersonic 
wing -body- fail com&inations. 
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figure 29 - Continued 
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Mach numbe5 M, 
/c) Wing -body - toil combination IO? 

figure 30. -Variation with Mach number of lift-curve slope or lift coefficient 
of wing-bod -tail com ions. . lduv 
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0 (d) Wing -body - fail combination /08. 
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( f )  Wing-body - toil combination 110. 

figure 30, - Con-d. 
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Figure 30. - Contihued 
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figure 30. - Concluded. 
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Figure 31. - Correlation between experimental and estimated centers 
of pressure for subsonic wing-body mmbimtions. 
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(a) Wing-body combination 1. 

-- - 
(b )  Wing-body combination 2. 
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( c )  Wing-body combination 3. 

Figure 32. -Variation with Mach number of center-of -pressure positions for 
wing - body combinations. 
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( f )  Wing-body combination 8. 

Figure 32. - Continued. 
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(h) Wing - body combination 10. 
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( i ) Wing- body combination N. 

Figure 32. - Continued. 
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( j  Wing-body combination 12. 

( k )  Wing-body combination 1.3 
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( I )  Wing-body combination 14. 

Figure 32. - Concluded. 
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figure 3.3 - Correla fion between experimental and estimated centers 
of pressure for subsonic wing-body-foi/ com&inafions of a =O. 

. 



NACA RM A53G08 12 3 

0 .2 .4 .6 .8 10 

rheoretica/ center of pressure# (-1 1 
2 

Figure 34. - Correlotion between experimentd ond estimated centers 
of pressure for supersonic wing -body -tail combinutions ot a 4  
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(0) Wing-body -tag combinofion 105. 

(6) Wing-body -toil combinofion 106. 
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(c) Wing-body-toi/ combinofion n z  
FMute 35. - Variation with Moch number of center -of -pressure locotion of wing- 

body - toil combinations. 
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( f )  Wihg-body-tail Combination 110. 

Figure 35. - Conclded. 
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faure 36.- Gomoorison between estimated and experimental 
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effects 
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Figure 3il- Comparison between estimated and expenmen&/ effects 
of wing rhcidence for combination /43. 
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figure 38.- COqwriSOn of estimated ond expeffhentd effects of ””1[[Ip”””””” /44. 
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figure 39. - Comparison between esfimafed and experimental effects 

of wing ofion /45. 
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Figure 40. - Comparison between estimoted ond experimento/ effects 
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Figure 42.- Model und d/mensions for determinution of tuil interference 

factor by strip theory. 
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Figure 43,-Geometfy of model used for determining tail interference fae 
tor fo r rectangular fail by Alden -Schindel technique. 
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